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CHAPTER 1

INTRODUCTION

This report presents work performed to correct and modify a stabilits
and control computer program which was produced by the University of Kanszs
Flight Research Laboratory. The original program was written between May
16, 1976 and May 31, 1978 under NASA grant NSG. 2145. (Reference 1)

The present effort was aimed specifically at correcting deficiencies
in: {

1. The executive program, including documentation. )

2. The CL computation.
a

3. The downwash and trim computations.

4. The power effect computation.

5. The output of nonstandard transfer functions.

6. The dynamic stability routine switches to allow for sensitivity
analyses.

7. The input methods where CL and CM may be calculated internally
instead of being supplied :s inputs.

8. The overall input logic in an attempt to streamline the input
format.

9. The User's Manual, including rewriting the manual to increase
program utility.

Furthermore, the proéram was to be thoroughly scrutinized in an effor:

to detect and correct errors not previously identified. This latter task

proved to be monumental and, eventually, every routine (64) was examined in

detail with changes eventually being made in all of them. In certain cases,

entire subroutines were rewritten in order to comply with existing methods

of stability derivative prediction. A problem which eventually surfaced as

l.l
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a result of this investigation was that, while the original routines were
checked individually, the integrated program was plagued with inconsis-
tencies in variable definition. For example, common blocks added as part
of the integration'process were found to be of different size in different:
routines or had variables listed in the wrong order. The-impact of these
errors can be better appreciated when one realizes that, in one case, the
wing mean aerodynamic chord was being used as the tail arm in the horizorn:al
tail volume coefficient. In another case, the vertical tail sweep was no:
accounted for, and in still another case the same variable was being speci-
fied both in the formal argument list of the subroutine call as well as in
a common block. To complicate matters, the calling routine presumed different
definitions for this variable with attendant errors in the final output.

Having discovered the nature of the predominant error in the existing
program, a major effort was directed at tracing each variable in each
common block. As may be expected, changes accordingly resulted in almost
every one of the 64 subroutines and functions included in this program.

The final computer program resulting from this study also includes
major changes to the input methodology whereby formatted input via the main

. program and different subroutines based on 37 read statements was changed

to namelist input using 3 read statements in a newly created INPUT subroutine.

The results of the present study are embodied in this basic documentz-
tion manual, a new User's Manual, and a separate Fortran cross reference

listing of the program.

“1.1 REFERENCES

1.1 Van Keppel, Bob, A Computer Program for the Analysis of the
et al Dynamic Stability Characteristics of Airplanes.
University of Kansas Flight Research Laboratorr,
December 1978.
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CHAPTER 2

GENERAL INFORMATION AND EXECUTIVE PROGRAM

2.1 GENERAL INFORMATION

This chapter briefly describes the more significant changes tb the
program and then discusses the main (executive) program in detail. While
major changes in logic were made to the principal routines such as sub-
routines TRIM, POWER, CMALPA; VMCE, ROTSPD, CYBETA, LIFCRV, MULTOP,
CLBETA, CNBEfA, ACEM, and CONSUR, most of these changes involved
the realignment of program logic to agree with the (original) basic docu-
ments. Changes made to the original document were for the most part cos-
metic in nature, where variables were redefined for clarity or to more
accurately represent source document (references) data, aﬁd equations were

corrected or redefined. An example of redefining an equation is thg case
vhere a curve fit which was developed to represeng graphical data was
replaced by the closed form equation which originally generated the graphi-
cal data.

For completeness, all of the theoretical developments of the origirzl
documents have been included in this reﬁort as corrected. As such, Chapters
3 through 12 of this report retain a one-for-one alignment with the origizal
documentation. However, most of the difficulties of the original computer
program stemmed from the fact that subroutines were predominantly checkes

in isolation without adequate regard for the large number of common blocks

which eventually permeated the program upon integration of the separate

“routines. As such, all of the computer program "descriptions" and "verii-

cations” of the original documentation are omitted in this report except

those of Chapter 10. Furthermore, section 11.27 has been added to describe
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the new subroutine CLOCMO and Chapter 13 to describe the new subroutines

- INPUT, PLANFM, and ATMOS.

2.1.1 Major Changes

A major effort of this study was to streamlines the utility of the
program by making it easier to use. Hence, the input format of the program
was changed from one based on formatted input where 220 variables were input
on 41 cards in 109 combinations, to one where 193 variables are input via
3 namelists. While several original variables were deleted, several others
were added. The net effect of these changes may be summﬁrized as follows:
1. Data entry is simplified immensely. While the original method

required detailed attention to the column location of numbers

(particularly for integer variables), field width and location for

different operations on each data line, and proper combinations of
data line entries, the present method requires only that 1 data
line and 3 namelists be entered in the correct order.

2. Fifteen variables were found to be overspecified. These were
eliminated as inputs and are computed internally within the program.
However, they are echoed together with other input variables.

3. Forty-one variables specifically associgted only with the computa-
tion of moments and products of inertias were identified. When
the moments and products of inertia are input (preferred method),
the variable list drops to 152. These, in turn, are clearly iden-
tified by operation. Due to Fortran namelist features, only those
variables required for a specific analysis need be input.

4, Multiple cases may be easily aqalyzed for different flight condi-
tions since only those variables which change need be input. The

original method required that a complete data set be re-entered

«
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for successive runms.
5. Data input is concentrated at only 2 points in the program. A
single plain-language identification line is read in the main
' program and also acts as an end-of-file locator, and 3 namelists
are read in an input subroutine. This is to be contrasted with
37 read statements dispersed throughout the original executive
routine with 1 read statement in the rotation speed routine and

2 in the dynamic stability routine.

2.1.2 Input Logic

The main program reads and echos a single, plain language, 78 character
string, identification line. If an end-of-file marker is not encountered,
program execution proceeds with data entry accomplished through an input
roqtine. Subroutines INPUT (section 11.27) and ATMOS (section 11.29) have

been added to facilitate data entry and echo.

2.2 EXECUTIVE ROUTINE

The executive routine (main program) ultimately manages 64 subroutines
and functions. While most of the subroutine calls never proceed beyond 2
levels, calls to CLOCMO, CMALPA, POWER, VMCE, and ROTSPD result in &4 levels
of calls. (e.g. MAIN+CLOCMO+LIFCRV-DOWNWS-SLOPE)

Only 1 computational loop exists in the executive routine where 3 passes
are made over subroutines LCDER, CMALPHA, and TRIM. Here LCDER establistes
Mﬁhe control derivatives C s . qms » C » and TRIM obtains ée to balance tXx

e e e
longitudinal moment equation. Successive calls to LCDER and TRIM are accczp-

" lished to account for possible changes in the control derivatives resultizg

2.3
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from elevator deflection.
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2.2.1 Executive Program Flow Chart

A flowchart of the executive program is presented in Figure 2.1.

¥

—

The only escape provided is the end-of-file (EOF) mark after the (only)

—d

read statement in the executive program. Eence, the program is provided

with an automatic capability for consecutive runs where one or more varia-

——

bles may be changed.

2.2.2 Executive Program Listing

[ R S |

The executive program listing is provided under separate cover -as

part of a complete Fortran cross reference listing.
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Figure 2.1

Flowchart For Fxecutive Program
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Call DOWNWS %

compute 3E
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3.1 INTRODUCTION

This subroutine calculates stabilizer angle of incidence, elevator
deflection and 1ift coefficient of the horizontal tail needed for moment
equilibrium in cruise. The program distinguishes two cases: one in
which there is a fixed stabilizer with an elevator and ome in which
there is an adjustable stabilizer with an elevator. 1In the first case
the airplage is trimmed with the elevator; in the second case, with the
stabilizer while elevator deflection is zero. The resulting stick

force is not calculated.

3.2 TRIM EQUATIONS

There are two unknowns to be calculated: angle of attack and

either elevator deflection or stabilizer incidence. Therefore, two

equations are needed: the lift equation and the pitching moment

equation.
mg cos y = (CLO+ CLu a + CLi iH + CL6 GE) qS (3.1)
H E
0 =cmo+cm a+C ia+c“s &g ‘ (3.2)
¢ 1x E

Since the airplane is considered to be in level flight, the flight
path angle is either zero or very shallow, so cos vy = 1. The zero

on the left hand side of Equation (3.2) represents the moment equilib-

"rium condition.

A1l possible power effects are assumed to be included in the above

equations. These effects are calculated in the subroutine POWER (see -

3.1




Chapter 5) and can be added to the stability derivatives as determined
by the shape of the airplane.
The above equations can also be written in matrix form. For the

case in which the airplane is trimmed with the elevator, they become:

C C o - C - C, = C i
La LGE L1 LO LiH H
= (3.3)

C“‘g Cma GE -Cmo-cmi LH

E H

in which: o :
c, =28 (3.4)
1 qS

The value of iH is fixed, e.g. at a value which yields minimum trim
drag in cruise.
If the airplane is trimmed with iH’ the matrix form of Equations

(3.1) and (3.2) becomes:

C C (e} C, - C,L -~ C é
L L L L L E
a iH 1 0 6E
= ' (3.5)
qma qni 1H —Cmo- Cm6 GE
H E

The value of GE will be taken as zero because it is not necessary
to have two deflections at a time for moment trim (for force trim,
i.e. zero stick force, it is different). This means that the right

hand side of Equation (3.5) is reduced to:
(3.6)

The solution of the matrix equations (3.3) and (3.5) can be written

as follows:
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1f one or more of the calculated values fall outside the limits,

appropriate action must be taken.

3.3 PROGRAM DESCRIPTION

Subroutine TRIM calculates values of iH’ GE and CLn according to

the equations described in the previous section. To let the computer
know which case it has to consider, there is a control parameter KCONT.
For KCONT = 10 the airplane is trimmed with the elevator, and for
kCONT = 12 the airplane is trimmed with stabilizer incidence.

To make the program as efficient as possible, the dummy variables
PEA, CUE, ARE and ESS are used. Values of these variables depend
on the value of KCONT. They are put into a matrix equacioﬁ;‘the
solutioq vector of this equation consists of o and another dummy
variable, CS, which is either iH or GE’ depending on the value

" of KCONT.
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If the airplane is elevator trimmed, the solution becomes:

Qmé —CLG
E E
-qm CL
a | a a
Sg ‘L ‘L,
E
C C
Dy mGE

(3.7)
C -C -C i
Ll Lo LiH H
(3.8)
-C“10 -C.mi :I.H
H

In the case of trim with stabilizer incidence, the solution becomes,

with the reduced right hand side of Equation (3.5):

. Qmi -CLi
H H
-C C
a 8 T Lu _
iH CL CL
. iy
C C
m, miﬂ

Once the airplane is

calculated according to:

ey

Power effects are assumed to be included in CL

(3.9)

trimmed, the horizontal tail load can be

(3.10)
H

and in €.

“

Checks are made on the limits of control surface deflections

and on the maxinmum lift coefficient of the horizontal tail.

3.3

XS T




'

e T I e T e B e T B T T s I T e B T Y

e B

- ™

Y

m ™

CHAPTER 4

GROUND EFFECT

4.1 INTRODUCTION

A method often used to compute ground effect is a simple one
from Reference 4.1. This method uses only height above ground and
aspect ratio as variables. However, References 4.2 and 4.3 indicate
that, among other things, the lift coefficient generated by the
wing is of great importance in determining the ground effect.
Several methods for calculation of the ground effect were compared,
and the method provided by Reference 4.5 was finally chosen for

its completeness and relative simplicity.

4.2 DERIVATION OF EQUATIONS

In this chapter the method of Reference 4.5 will be described.

‘ Appendix A describes the other methods used in the evaluation. The

method used in Reference 4.5 is based on a lifting line theory. 1In
a situation where the wing is within a wingspan distance of the
ground, a system of image vortices may be set up to account for the
effect of ground proximity on the wing. The image vortex system is
set up such that the boundary condition is met: i.e., the normal

velocity on the ground plane is zero. Figure 4.1 depicts the situation.

-—
-
L4

4 c )

——. - == —‘-‘— Bound Vortex
( ) Trailing Vortex

1

o’
i

T7777777777777777 7177+ 77 YL 77777777777
' - Ground

Figure 4.1: Image Vortex Svsctem
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The effects of the image vortex system may be summarized as follows:

1. The image vortex of the bound vortex induces a velocity
distribution in the opposite direction to the free stream
velocity, thus reducing the 1lift. A}so the camber and
incidence of the wing airfoil are increased, thereby
increasing the lift.

2. The image vortices of the trailing vortex systém induce
upwash at the wing which may be seen as an incre;se in

wing angle of attack.

The effect of the bound image vortex may be found by applying Helmholtz's

law which gives the decrease in speed at the airfoil:

-C
AV L
Y. " 8r h/c ’ (4.1)

®
From this the increase in angle of attack to maintain CE may be found

2
I A
41 h/c C

Ly

Aa (4.2)

The effective increase in camber is proportional to AV/V,, and the chord
length,inversely proportional to the height. By assuming that the aver-
age upwash induced by the image trailing vortex is equal to the upwash

at the mid chord point, the decrease in angle of attack to maintain CL

constant may be found as:

c
Ba = =25 3~ 2n T T 64m (n/c)?

For finite wings the effects described above are less due to the finite
length of the vortices. A correction factor B takes this into account.

The total effect of the bound image Vortex may now be found from:
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L L 1
A% = B /e, (c " 16 h/cn) (4.4
o

where:

8 = 41 + @b /b)2 = 2 h_g /b (4.5)

The effective height he is as defined in Figure 4.2.

ff

7 .

2heff-hac+hT£
T ==
h
ac

T
brg

(2 1414/ (el )

N
Figure 4.2: Definition of Effective HReight

The induced upwash due to the images of the trailing vortex may be seen

as a reduction in angle of attack to maintain Cl constant:

| b,a = - o, (4.6)

where: a; = CL/uA{ , 4.7)
.768

o = EXP [- 2.48 (2 heff/b) ] (4.8)

Again, 0 is a correction factor which takes the finite length of the
vortices into account. A general expression for swept wings of arbi-

trary aspect ratio is:

40 = - oC, ( lcha - 1/c£u ) : (4.9)

The total effect of the ground on the wing lift is as seen in Figure

- 4.3, -

4.3
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Figure 4.3: Total Effect of Ground-
Proximity on Wing Lift

There are several other effects of ground proximity on the lift of the
complete aircraft, generally of lesser importance than the effects de~
scribed above. The; are the following:

1. The image vortex system induces an upwash at the horizontal
tailplane, thereby changing the lift; Also ground effect
causes a shift in the wing center of pressuré which causes
a moment to be counteracted by elevator deflection. Further-
more, the image vortices of the tailplane itself causes up-
wash or downwash. All these effects are not easily calculated
and of relatively small magnitude aﬁd therefore will be &is-
regarded.

2. The pressui'e distribution around the airfoil changes consider-

ably within ground proximity. The attainable C usually

Lyvax

—_— will be decreased, which can have an important influence on

vHU'

usable format.

Again these effects cannot be expressed in a readily

e —— i o ——— e = - 4 by 4

e d
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Summarizing, the total effect of the ground proximity on the airplane
lift may be expressed as:

C

- C . oR coshA L
Lo y40- 1/2 -|—E—{c, -—2 (4.10)
CL ; v 2. 4mh/c L l6h/E
© 2cosA1/2+JA{ +(2cosAl/2)

This expression provides the lift increase at constant angle of attack.
To account for the effect of flap deflection on height above the
ground, the following expression was derived (see Figure 4.4):

The height of the trailing edge is:

hop xh - he (disregarding h)) (4.11)
ce S
or: hTE ~ hac - SIN Gf ry (c) (4.12)
For the effective height, heff’ it is seen that:,
s
hyeen2h - SINGS, |—) (c) (4.13)
-

. ] ) ]
VL2 L S LI L A ‘
N J

.

Figure 4.4: Definition of Geometry Paramesters
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CHAPTER 5

POWER EFTFECTS

5.1 INTRODUCTION

This chapter describes the subroutine that calculates the effect

of power on various coefficients and stability derivatives. The program

uses formulas and empirical data compiled from several references. The

effects of propeller as well as jet thrust is computed for single- and

twin-engine configurations.

5.2.1 DERIVATION OF EQUATIONS, EFFECTS ON LIFT, PROPELLER ENGINE

The effect of power on the aircraft characteristics may be split

into two parts: .

< Direct effect due to propeller forces

Indirect effect due to propeller slipstream

The direct effects are the following (see Figure 5.1):

1.

The propeller normal force adds to the total lift
force and moment.
The propeller thrust force adds to the total 1ift

force and moment.

The indirect forces are the following (see Figure 5.2):

.3.

Duevto the slipstream over the wing (increased velocity),
there will be an increase in wing normal force.

The propeller slipstream will act as a form of boundary
layer control, thereby influencing the maximum attainable
1ift coefficient.

Due to the increase in velocity at the tail location,

there will be a change in tail-lift.

5.1




6. The downwash at the tail will be influenced.

Figure 5.1: Direct effect of power

Figure 5.2; Indirect effects of power

The total 1ift coefficient of the airplane may now be expressed

as:
C.= CLP + (ACL) + (ACL) + (ACL) _+ (ACL) + (ACLH) + (ACLH)
rop-off T NP Aqw € -
P AqH AEH
Wing Horizontal Tail
[ - ~ ) . ~ )
Propeller Forces Propeller Slipstream Effects
(5.1)
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5.2.1.1 EFFECT OF PROPELLER FORCES

The definition of the geometric parameters is as given in Figure

5.3.

-
Centerline of slipstream
N
’ Zhett
" &y =& " Egouer o
g, L‘pow ron
1 €/4 of horlzonta! 1
T
T — z?
Body axis
o
v
Gp=0r-& -,
*p lh
X lh
Zy
_J

Figure 5.3.2: Definition of geometric parameters

The contribution of the thrust vector to lift is obtained from:

= 1 ] .
(ACL)T N (Tc/prop) sin a, (5.2)
where:

N is the number of engines

T;/prop - Thfust/grog , ¢5.2.)

9,5y
GT =ay + i.r . (5.2.b)
5.3
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Aerodynamic center
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wing area = ¢;/4

1w |

| r//,’\%

—'J )’c.

bj)g _]

Z

Exposed portion of

immersed are3 l
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Figure 5.3.b:

Definition of geometric parameters,

S.4

" o —— s sreran—

C 8 e man o e ¢

single engine




Ajiaeab jo Jayua)

dosdstys

Mz. Sy . 0y |
AR doidylq

—doudylq —

bujm

b2 jo sayuad
Jjweukpolay

C) ¥

e+ D)

ha
wn

L
hal
<

N ot
-]

3 - 'g

q

|~

Lal

Ay = dosg/9s

Definition of geometric parameters, mult] engine

Figure 5.3.c:
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The contribution of the propeller normal force to the lift is

obtained from the_following equation from Reference 5.1:

S /prop
(ac,) =NfC, o cosa, —
L N yw P T Sw
P 0

(5.3

where:

£ is the propeller inflow factor from
Figure 5.4 as a function of

Tc = (T/prop)/pV2D2 (5.3.3)

C_, is a function of propeller type and
operating condition. The values for

a particular propeller family are given

in Figure 5.5. Extrapolation to other
propellers-can be made by means of Figure
5.6 on the basis of the "side-force factor”,

SFF. This is a geometrical propeller param-

eter, approximated by.Equation(S.&%

2.0

l
1.8 .

1.6 %

1.4

f
1.2 /Z
1.0

-2 0 .2 4 .6 .8 1.0 1.2 1.4 1.6 L8 20

Te

Figure S.4: Variation of f with Te (ref 5.1)
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Cr,, from Fig. 8.10.2

.5 - - : I —
.4 ; ‘ ’
Slngw f
Counter !
rotation \ rotatmn/
3 )<
Number of 6 \
blades ¢ \

.2 - / : ; N
) !

.1 2

0 10 20 30 40 50 60
p’at 0.75 radius, deg

Figure 5.5: Propeller side-force coefficient (ref 5.1)

160
6 Glades dust spteten
o7 12 Vases. songre sorotn
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4 dadel. scig4 vetalen
§ Satvs. ngle wotates
120
100}
080
0.60 (7™
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Side-force tactor, SFF

Figure 5.6: Propeller side-force coefficlent
as function of SFF (ref 5.1)
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The propeller side force factor is given by:
SFF = 525 [(b/D)O.B + (b/D)0.6] + 270 (b/D)O.Q (5.4)

where:
b/D is the ratio of blade width to propeller

diameter and the subscript is the relative
radius at which the ratio is measured.
The local angle of attack of the propeller plane, ap, may be

qbtained from:

ae
u
ap Gy - aa (a.w - ao) (5.5)
where:
3eu
-3 is the upwgsh gradient at the propeller,
o
obtained from Figure 5.7.
oy is the wing angle of attack:
oy =0y T iy
L is the zero lift angle of the wing

The ‘total effect of propeller side force on lift may now be

calculated as follows:

C., for desired prop .
wo e (Sp/prop)
(ACL) =Nf Cy' c from Figure 5.5 t'S'I.‘-'-E-_(e"w_‘:"0) — s.. cos ¢
N LRI a W
P 0 ¥
(5.6)

Using HP 65 curve fitting routines, the following approximations

were found:

£f = 0.652 + 1.183 LN (Tc + 1.3) (5.7)
.657 ’
- cy; = 0.01380.75-+{0.01254-aoon25 80.75} (BL—Z) (5.8)
0

By ek B g hd heed beed bomd b howd  heered ced  eeed

[ e}




where:
Bo 75 is the blade angle at 75% of the propeller
radius (in degrees)
C,+ actual prop
Ty
0 s -
T AT 2.938 + 0.901 Ln(SFF) (5.9)
Ty
0
3€u x ] "1-8141 .
2 = -0.1136(-2-) - 0.027 (R - 4) (5.10)
? Cc
a i
1.6 T
|
y )
/i
1
.8 YR :
/1 |
H I ;
‘ /l ! !
) N I : Pl ~Quarter-:
é‘_/l | cthord
| ! point |
0 : Lot
2.0 1.6 1.2 .8 0 -.4 -.8

' Figure 5.7: Upwash gradient at plane of symmetry for

unswept wings (ref 5.2)

5.2.1.2 EFFECT OF PROPELLER SLIPSTREAM, INCREASE IN DYNAMIC PRESSURE

The contribution of power to 1ift due to change in dynamic pressure

on the immersed portion of the wing is obtained from the following

equation from Reference 5.2:

“we) (Aaw)( ) <(Si/prop)) 5.1
= N —I{C - <11
R Qe 5
AqW 9 prop off w :

4 gy mew i e e e S reappm—— - ; . - = > T T e—————




where:

Aq

K is an empirical correlation parameter for
additional wing lift due to the power ef-

fects. May be obtained from Figure 5.8.

—_ is the increase in dynamic pressure due to

propeller slipstream on the immersed portion

of the wing, as given by Equation 5.12:

\]
Sy (Tc/prop)

w:
e

) S./prop = bi/prop (e, ) @+, (5.13)
i —_— " r, i
2 i e
. e
where:
b./prop = 24/R% - (Z - 2.)2 (5.14)
i Y5 s~ .
=~ X' - - - .
Zs Xptan(ab su ep) ZT (5.15)
The upwash at the propeller plane is obtained from Equation
(5.10) and:
aeu
B e (5.16)
o
The propeller-induced downwash is given by:
9¢€
sp = szn-ap (5.17)
- P
The derivative aep/aup follows from Reference 5.2:
- 9€
—L=c +cC (c. (5.18)
Ja 1 2\y
P ¢° p

e e o e

o R2
P

Si/prop is the portion of the wing immersed in the
propeller slipstream (per propeller), ob-

tained from Figure 5.3 with:

(5.12)
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where:

C1 and C2 follow from Figure 5.9, and

(c . ) follows from section 5.2.1.
v e

Sw(T cfprop) ! /
8Rp2 /il
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Figure 5.8: Empirical correlation factor for additional 1ift
due to slipstream (ref 5.2)




Propeller angle of attack is given by Equatiom (5.5).

curve fitting routines, it may be found for Figure 5.8:

X, = 2.6384 Ai'0312+ (-3.8116+4.2237 A, - 1.6186 Ai) A+
+ (0.0418 Ai'3383) a2
Sw(T;/prop)
X.=1.9938 + 1.2194 LN| ——C
2 7
8 R
P
X =Itz(xl + 3)
3 10
S., (T'/prop)
(—0.3663 —"’——iz—— )
8 R, X,
K, =+ 0.9191 e +2

The equation for the propeller induced downwash was found to be:

o€ 1
P Sw (Tc /prop)

— = 0.3732 + 0.1703 LN} —————— |+
1.1 2
P 8 Rp

2

Sw(Té/prop)
+ [0.2115 - 0.0504 ] C
8 Rp

1.0

lc,
| |

.6 < . '
~ mraaly )] |

Yo

Cyor C

— T C;
I
0 2 4 6 8 10 12 14 16 18 20
SwiT¢ fprop)

8Rp?

Figure 5.9: Propeller induced downwash (ref 5.2)
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5.2.1.3 EFFECT OF PROPELLER SLIPSTREAM, PROPELLER DOWNWASH Ep

The contribution of power to 1ift due to a change in angle of

attack as a result of propeller downwash, ep, may be obtained from:

b, (s, /prop)
(ac) =N{1+— |, ) (Ba)g —— (5.24)
€ q a i SW
P ® prop off  (pef. 5.2)
where: _
Aqw
S is defined by Equation (5.12)
%
Si/prop is defined by Equation (5.13)
and £
(Au)S =-————232— is the change in angle of attack ,
. oa-ge ) (5.25)

5.2.1.4 EFFECT OF POWER ON MAXIMUM LIFT

Thus far, the effect of power on 1ift at discrete angles of attack
has been calculated. Power also has an effect on maximum attainable
1lift, since the angle of attack at which stall occurs first will be
increased with power. This depends primarily on the ratio of im-
mersed wing area to total wing area. Figure 5.10 illustrates the
effect.

The increment in maximum lift due to power may be obtained frop

the following empirical equation:

AC ’ (5.26)

- (ac.h)
FMAX K2 L Power
where: .
(ac. ") is the increment in tail-off lift

Pover due to power at power-off maximum

1ift angle of attack.-

5.13

Py vy Ty P (e PN s o K oased )
R ROREN TR A R S Y e S




K2 is a correction for immersed wing area,
obtained from Figure 5.11.
—
C
Luen
/
/
. B
\
Figure 5,10: Effect of power on maximum Jift
2.2
2.0 /
1.8
K2 1.6
1.4
,/
1.2 >
rd
P”
Lobee=a"
.1 2 3 5 .6
5i
Sw
(ref 5.2)
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" engine airplanes may be calculated with:

Using curve-fitting methods, it was found that the Factor K2 may

be represented by:

S s \2
1 i
K, = 1.1854 - 2.1129 —* + 7.6104 (——) (5.27)
2 5, 5,

By using the foregoing procedures, the tail—off lift character-
istics of the airplane can be calculated. Now the effect of power
on tail-plane lift will be calculated. The effect of the change in
lif; of the horizontal tail on the total lift of the airplane is

small. However, the effect on pitching moment is significant.

5.2.1.5 EFFECT OF POWER INDUCED DOWNWASH ON HORIZONTAL TAIL-LIFT

The power induced change in downwash at the tail, (4e.) .
Power

may be estimated for single engine airplanes by using Figure 5.12
or for multiengine airplanes by using Figure 5.13. These figures

are from Reference 5.2. The variables involved are:

(EH) Propeller-off downwash angle calculated
props off
in subroutine DOWNWS.
Té/prop Propeller thrust coefficient.
Sw Wing area.
.Rp Propeller radius.
ZHT Distance from thrust axis to horizontal tail

(see Figure 5.3a).

- Curve-fitting methods yielded the following approximations for

Figures 5.12 and 5.13. The effect of power on downwash for single

&
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Figure 5.12:
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Effect of power on downwash for multiengine airplanes (ref 5.2)
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0.0688(e )props of £ _ 1.2345 S, (T./prop)
X4 = 0.5376e S+ 0.4366(sh) —-—-———-—
- props off \ " 8 Rp
- ,1.3152 Sy(T;/prop)\*
-~ {0.1091(e, )" —_— (5.28)
h 2
props off 8 Rp
. i)
(AcH)P = Xl. 0.8189 - 0.0185 R 0.1953 R (5.29)
ower P P
For multiengine airplanes the following equations can be used:
Xg = -1.0234 + 0.9775(cy) - 0.1032(5.)2 +
H
prop off prop off
- ) Sw(Té/prop)
+ {3.5191 -~ 0.2409(e.,) + 0.2025(e.,) —_— -
H H 2
prop off prop off 8 Rp
0.2253(eH)prop et Sw(Té/prop) 2
— {0.8738e —_— (5.30)
8 Rp

x6 = XS(No Flaps) (5.31.a) OR X = -0.5+ 0.889 XS (Flaps) (5.31.b)

6

where: (e,) in degrees.
power off

Z ZHT
(Aeﬂ) ={0.9951+0. 0"19F 0.302) 53— 6 (5.32)
power P
where the height of the horizontal tail above the thrust

line, ZHT’ is given by the following equation,see Figure

5.3.a,

znr "t Ip ‘(tan (iT)) (Xp + ln) (5.32.a)




To calculate the effect of power on dynamic pressure ratio at
Aqy .
the tail, —, use can be made of Figure 5.14 (from Reference 5.2).
1

For low values of Té (close to zero), use should be made of the free-

flight value for the tail.

Sw(Té/prop) Shi
x, = 0.3 + S ilo.865 | o= (5.33)

8 R h

P
2

- z 2
Aq H H )
—H _11.0102-0.1438 —=25 - 0.3904 REff X, (5.34)

P
- p

The effective height of the propeller slipstream, ZH , at the
' eff

tail, may be calculated as follows (see Figure 5.3a):

Z =2, -2 {%an a, - = (e)) -(ae ) i -Z
Heff S H b v * power off " power H
’ (5.34.2)
where:
ZS is the vertical distance from X - body
axis to slipstream centerline at 1/4 e
Z. = -X' - - - 5.34.b
S ptan(ab €, ep) Z, ( )
The change in lift due to above effects may be obtained from
the following relation:
ey " (cLH ) Sp A3y (5.35)
(h£) (hf) - - S. -
Sy» Ip/9e=1J7V q,
s, g, Aq
H ,'H H
€L 4% —+) - (5.36)

an power W q_ q,
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is the 1lift of the tail, referenced

SH’ qH/qw 1 to the tail area and a dynamic pressure
ratio of one,
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Effect of power on the dynamic pressure ratlo
at the tail (ref 5.2)
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The tail lift may be obtained from: N
CLH(hf)S _— = CLGH(aH - aoH) (5.36.a)
Sre 4/ %
where: S0
a, = a - (e.) - Ae + i +—=46_ (5.36.b)
H b power off power H 3¢ 'E

The area of the horizontal tail, immersed in the slipstream,
may be calculated as follows (see Figure 5.3¢):

Single-engine airplanes: '
2 2
S =(2"e -z b, S (5.37)

Multi-engine airplanes:

7 7
(bHT/Z - YT) +ﬁp. - ZH
S. = eff | ¢ (5.38)
H .72 " '
1 H T

The total effect of power on lift may now be calculated as
indicated by Equation(S.lJ
Now that the effects of power on the lift force of the airplane

are known, the effects on moment about the Y-axis may be calculated.

5.2.2 DERIVATION OF EQUATIONS, EFFECT ON PITCHING MOMENT, PROPELLER ENGINZ

The total effect of power on pitching moment may be summarized

as in Equation (5.39):

c = (C ) + (AC. ) +(AC ) +(AC_ ) +4(AC.) <+(AC ) +C
B Bofn Tr Tnp T - v " np "H(hE)
Power off Aqw
(5.39)
L where:
(qn ) is the power-off, tail-off pitching

'an power off

moment
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(ACm) is the pitching moment due to offset
T
thrust.
(ACm) is the pitching moment due to offset
N
P propeller normal force.
(ACm ) is the effect of propeller slipstream
0 -
AqW dynamic pressure increment on zero

1ift pitching moment.

(ACm) is the total effect on pitching moment
due to slipstream dynamic pressure and

angle of attack changes.

(ACW) is the effect of propeller slipstream
np
y on nacelle pitching moment.-
(ACm) is the effect of dynamic pressure and
"h
downwash on pitching moment due to
tail-lift.
(Cm ) is the power-on pitching moment of the
Hope
tail.

5.2.2.1 PITCHING MOMENT DUE TO THRUST OFFSET

The pitching moment due to thrust offset may be obtained from:

Z
' I
(ACm)T = N (Tc/prop)(5w> (5.40)

where the geometric parameters are defined in Figure 5.3a.

5.2.2.2 PITCHING MOMENT DUE TO PROPELLER NORMAL FORCE

This effect may be calculated with:

5.21




X
= P 1
(ACuQ (ACL) <_ )(posa > (5.41)
N N \c T .
P p W
where:
KACL) is the propeller normal force, to be obtained
N
P

from Equation (5.3). .
The geometric parameters are defined in

Figure 5.3a.

5.2.2.3 THE ZERO LIFT PITCHING INCREMENT

Due to the effect of slipstream on the wing and nacelles at zero

1ift, there will be a change in zero lift pitching moment:

(ac_) =K,=- (Cqp)
Yo - bw Mo,
U prop off
where:
KAE is the factor that takes the power effect.
W .

into account, to be calculated from Equa-

tion (5.43).

A Si ¢y
K- =sfl—Jjl=— 1 — (Ref. 5.2) (5.43)
b4y \ g Sw/\z
L W
where: _
Aqw
—— is the increase in dynamic pressure ratio,
9,
to be calculated with Equation 5.12.
. Si is the immersed portion of the wing area
(see Figure 5.3b and c):
bi T S
= + A
Si 2e (Cri)e(l kie) | (5.44)

The zero lift pitching moment (Cm ) - may be.determinéd
' 0

lprop off
as follows:
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For twin-engine airplanes:

) - ) -y

1prop off wnprop off Area not immersed

(5.45)

where:

(Cm ) is the propeller-off C_ of the
) "o

i rop off

P wing and nacelles, obtained elsewhere.

: s., - s.]lc .

(cm ) [WS 1] not immersed (5.46)
0 Area not immersed w .
prop off

where:
(cm ) is the propeller-off C_ of the wing
0 . "o
prop off
. . Sw - Si

“not immersed " by - by (5.47)

For a single-engine airplane:

Replace (Cnb) with (Cm ) which is the
0

wnprop off wfptop off

propeller-off Cp of the wing and fuselage
0

5.2.2.4 PITCHING MOMENT INCREMENT DUE TO CHANGE IN WING LIFT

This power effect may simply be obtained from:

(ACm) = - (ACL) .+ (ACL) ;?i (5.48)
WL Aqw L R

where:
Xw is the distance between aerodynamic center

of the immersed wing and the center of

gravity.

5.23
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.xW = lcg - 21/42w + (YE + bc/Z) tan A (5.49)

; 1/4c

See Figure 5.15 for geometry definition.

—
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e s
/

1
\ <9 J

Figure 5.15: Geometry of the wing

The increments in lift due to power, (ACL) - and (&C;)
Aqw €
P

may be found from Equations (5.11) and (5.24), respectively.

’

5.2.2.5 PITCHING MOMENT DUE TC EFFECT OF SLIPSTREAM ON NACELLE

For multi-engine installations the effect of the propeller
slipstream on nacelle pitching moments may be calculated with

Equation (5.50) (from Reference 5.2):

N 2 Aqw
(acpy = - —— [Jw (e +e {1+ )dx (5.50)
"4 36.5 S.c n P U q
P W %

OR: N(e_+¢ ) Aq .
——- (Acm) = |- _p—'_t_l"- (1 -+ -—3> fwnzdx (5-51)
o, 36.5 chw q,

where:
ep and € are obtained from Equations (5.16) and (5.17).
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— is obtained from Equation (5.12).

o0 |

J/;nzdx is a function of the shape of the nacelle

(see Figures 5.16 and 5.18).

i T
{ ' : 11
"I"—":t.zpfu: -
| B |
Ax
[ P — "l
o J
. Figure 5.16: Shape of nacelle (twin engine)

To see if there is a general trend in the shape of nacelles,
some research was done. A distinction was made between turbine engines
and reciprocating engines. The nacelle was divided into five equal
parts, as shown in Figure 5.16. Then the parameter wnzAx was deter-
mined as a function of nacelle length, £n. The results are shown
in Figures 5.17 and 5.19. Also included in this figure are two
straight-line approximations. The equations for the nacelle shape

parameter wnzAx thus found for twin engine aircraft are:
Reciprocating engines:
2
w_ Ax = -3.07 + 10.51 2 (5.52)
n n
Turbine engines:

2
W Bx = -6.84 + 6.90 3 ' (5.53)

5.25




100 e e e e

RoCRWELL T8 W
AEAOSTAR 332 b
. BEAGE R-235 .
AERG COMMAVLER T 1

REECH JUETY AR

Ogaogg

- e e mhiaads L i ..CESSFJ-Q 319
80 | e ep e | @ peste RARew L
| Sl " LREy by P

BN TRITIANSSR DL
PIPER SENECS D
CReIMARIIC, G
FipER ATTIC L.

@AVﬂ

ﬁ?f;

50

ko

ACASA 212
- H TE7>’TReq~

S‘NDPJ' ..S’»l 3 3=l

Nacelle shape parameter

- L&ngq CI)N\:"
f mm c-‘z~-1-~--.=. b

%3?' Non&: 261
‘-..}5 Mnn& 2¢.0.

l'.\@':asz-fm'xi{k-.me I 1

4 6 8 10 - 12
Length of nacelle 1~ ft
n

Figure 5.17: Nacelle shape parameter, twin engine airplanes

5.26

o —e @ eerm—— e o . o e s r—p - R,




!
.—:I
::;_I,-
FET
-
|
l

14

_ ' J

Figure 5.18: Shape of nacelle (single engine)

For single engine aircraft the following approximation was found:

)
v, Ax = -28.06 + 16.59 zno (5.542)

5.2.2.6 PITCHING MOMENT DUE TO EFFECT OF POWER ON TAIL

The effect of power on the pitching moment contribution of the
La(ne) _
Equation (5.35), multiplied by the normalized moment arm, lH/c. The
result is given as:

(acy) (5.54b) L

w'h ~ “a<hf)

'lm

DERIVATIVES, PROPELLER ENGINE

5.2.3 DERIVATION OF EQUATIONS, EFFECT ON LATERAL-DIRECTIONAL "'

With the above derived equations it is now possiﬁle to derive

- equations for the effect of power on the lateral~directional deriva:ives'

effect on CL :
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CY' for desired prop

¥ S_/prop
- - 0 p z
ACYB =-Nf CYlL Cgr Figure 5.5 \Ts, (5.33)
P 0N Ty,
where the various variables are defined and calculated
in Section 5.2.1.1.
The effect of power on the Cn derivative may be computed with the
' 8
following equation:
[ (X cos + Z sin o)
AC. = AC p "% " Tr TR % (5.56)
nB YB l b
P P
The effect of power on the Cl derivative may be computed with the
B
following equation:
(-Z. cos q, + X_ sin a,)
AC, = AC I b_ P b . (5.57)
28 YB b
P Pl
5.2.4 EFFECT OF POWER ON SPEED-DERIVATIVES
Reference 5.5 provides the following formulas for the effect
of propeller-power on the speed-derivatives:
E - ' )
ACT 3. Tc (5.58}
X
u
and Z, .
ACMT = -ACT - o (5.59)
u X S

5.3 DERIVATION OF EQUATIONS, EFFECTS OF POWER, JET ENGINE

The effects of jet engine thrust may again be divided into:
1). Direct effects on forces acting on aircraft.
2). Indirect effects due to jet efflux aﬁd influx.

The direct effects are easily calculated; the indirect effect,

especially the influence of the jet exhaust on the flow field, are

5.29
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more complicated. It was felt that the complexity of the latter

computations did not warrant the inclusion of these indirect effects

into the program.

5.3.1 EFFECT OF JET ENGINE THRUST ON STABILITY DERIVATIVES

5.3.1.1 EFFECT ON LIFT

The effect of thrust on lift may be accounted for by AL = TsinaT.

It then follows that

ACL = N(T;/engine)sinn . (5.60)

T T

ACL = N(Té/engine)cosa (5.61)

%

T

= -+ R
where aT. 1 iT

5.3.1.2 -EFFECT ON PITCHING MOMENT COEFFICTIENT Cm
[+

Reference 5.5 provides the following formula for the computation

of this effect:

.2
Nm de
AC = i { Xj (1 - e } (5.62)

m 2 -
ap Ai p 1/2 p V- S ¢

where: m is mass flow through the engine in slugs-ft3.

Ai is the jet-engine inlet area (ftz)

X, is the distance along the X body axis between

J

the aircraft center of gravity and the first

fan of the jet engine, forward taken as positive.

Note: If the engine is mounted forward of the wing, i.e.
if Xj is positive, then the variable de/da in

Equation 5.62 should be replaced with deu/da, upwash

R R e t e . et et S 1 e e
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ahead of the wing. This variable may be computed from:

-1.8141

de X, - X))
—;§-= -.1136 { ———

- .027 (R - 4.)} (5.63)

‘w

where Xw is the distance from the wing a.c. to the c.g.,

* positive when the c.g. is aft of the wing a.c.

5.3.1.3 EFFECT ON CL and Cm
© (o)

The effect of jet thrust at a = o on lift and longitudinal moments

may be described by

= ' . * r} -
ACLo N(Tclepglne) sxn(lm) (5.64)

Acmo = N(Té/engine)*cos(i,r) zT/E (5.65)

5.3.1.4 EFFECT ON SPFED DERIVATIVES, C. _AND C
My Iy
u u

Reference 5.5 provides the following formulas to approximate

the effects of jet-engine thrust on the speed derivatives C and CT :
X
u u
BFN 2
AC =M-—/ (1/2p V" 8) - 2. T' (5.66)
Tx oM c .
u

where: M is the flight Mach number.

aF. .

— X is the change in thrust with change in

M
Mach number, in 1lbs.

N

(5.67)

__;z
4
zm |._!




5.3.1.5 EFFECT ON LATERAL DIRECTIONAL DERIVATIVES
Reference 5.5 provides the following formulas for jet effects on

lateral-directional derivatives.

c = Q. (5.68)
Vg

T
c, = 0. (5.69)

8

T

PV &
By 17 5TV Sb

where the terms are defined as for equation (5.60).
This concludes the derivation of the effects of thrust on the aero-

dynamic derivatives.

5.4 DESCRIPTION OF PROGRAM

The program is divided to treat the propeller-powered and jet-
powered vehicle separately, and the integer variable ENP is used to
distinguish between single engine (ENP=1) and twin engine (ENP=2) air-
éraft. Propeller computations are performed over four angles-of-attack
in the following order: o - 1°, &, a + 1°, and a = 0°. Results for

o« and ¢ = 0 are then obtained directly, while ACL and ACm results

a a
P P

are computed as (AC, - &C )/2 and (ac - aC )/2.
~ a (1 a a

Pa+l Pa-1 . Po+1 _ Pa-1
Immersed areas behind the propellers of both single and twin engine
“airplanes are computed based on a slipstream height ZS' ZS is initially
assumed equal to the thrust-line height ZT and then is iterated to an
approximate height over three computational loops at each of the four

angles of attack.
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Computations for the jet powered vehicle are very straight forward

and do not involve iterative loops.
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CHAPTER 6

STATIC LONGITUDINAL STABILITY

6.1 INTRODUCTION
This chapter describes the computation of static stability,

CM , static margin, dCM/dCL’ and neutral point, X for both stick

AC’
a
fixed and stick free cases. Power effects accounted for in subroutine
"POWER" (Chapter 5) are integrated in the MAIN program. Here, Cm s
: o ,
de/dCL, and‘ﬁAC, are all obtained in subroutine 'CMALPA" according

to methods described in Reference 6.1. The center of gravity locatiom

is assumed to be known.

6.2 DERIVATION OF EQUATIONS

The étatic stability parameter, C, , may be computed from:

M
a

dcC
= M. -1
CM (dc ) cL (rad ) (6.1)
a L a

where: CL is the lift-curve slope of the complete
a

airplane, as computed in subroutine "LIFCRV".
See Section 11.2.
v is the static margin which may be found from:
Hogx -% (6.2)

EE;'. cg ac

The airplane aerodynamic center location, iac’ may be obtained froe=:

6.1
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C
e LGH SH = de
X + n (f—>X (1 - ——)
aFWB CLa H\ S acy da
X, = = WB (6.3)
Fixed La S
B (2B)( - &)
1+ C, nH(S)(l o
®wB
Equation (6.3) is for the stick fixed case. For the stick
free case the following equation should be used:
C
Ly S Ch TE
5+ ; (_H_>K (1- &) [1- &
acwB CL H\ S / ac da Ch
- OB Ge
xac = C (6.4)
Free L C. T
a S h "E
p s B o (CH)(q Sy
C H\ S da o)
Lc hé
WB e

The various variables in Equations (6.3) and (6.4) are calcu-

lated as follows:

The lift-curve slope of the horizontal tail angle of

the wing body combination, CL and CL , respectively,

%y “wB

are computed in subroutine "LIFCRV". Section 11.2.

The downwash de/de is calculated in subroutine"DOWNWSf

The control-surface parameters Ch.’ IE and Ch are
o

)
e

computed in subroutine "CONSUR". See Section 11.26.
The aerodynamic center of the horizontal tail plane and

of the wing, X and X ., respectively, are defined in
a acy

Figure 6.1. They may be computed with reference to Figure

6.2.
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To convert the value of X'ac/CR, from Figure 6.2, to the

nondimensional value X ., use is made of Equation {6.5):

X e =Kl (X'ac/CR -X2) (6.5)

where K1 and K2 are given as:

g2 = L2 4 ocan | 6.7)

_NOTE: Kl and K2 follow diréctly from the geometry of

Figure 6.1.

X and XA

AC are obtained from function “ACEM".

w CH

The wing-body aerodynamic center may be computed from:
X =X+ X (6.8)
acir acy acy

The body-induced aerodynamic center shift Aiac in Equation
B

(6.8) follows from:

A iac _ —dM/da (Body ar_xd./-or Nacelles, Tailboom) (6.9)
B chCL
“w
where:
- i=h .
aM __a9 2 de E .
da  36.5 1% Wt (X 3o . 8%y o (6.10)

The geometric variables in Equation (6.10) are defined in

Figure 6.3 and the downwash ahead of the wing may be found Irom

Figure 6.4. Note the different curves for different parts I the

body forward of the wing.

6.3
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Figure 6.1: Definition of dimensional and non-
. dimensional aerodynamic center locations
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Figure 6.2: Aerodynamic center locations of 11fting surfaces
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Figlure 6.2: continued

14 l l 1.4 : r
(c) A =025 | | | (&) X =0.33
M i
4 i /
1.2 1.2 ﬂ?‘\ A i/l/
¥ ! 1 s H
Lo QNA‘,E REELD P —— [ i | A
| — 1 1 | A s |
_ | ! i
D [ [ LA
x! .8 1 ~ - 3 =
'L, l 1 oo l I
— |14 LB ; . 4‘ | : ‘
" s 3 | I S T L L : l i
- : ! mizs\\:t-:w‘ T.IE. 5 UNSWEPT T £~
A== == 4 4 :
THEEEERN 1] |
! s ——— !
i N - |
0 | 1 [suBsoNIC == I SUBSONIC .=c+—
0 TANA, 8 0 0 gana,
s TAN A, 8 TANA
Figure 6.2: Continued
1.6 .
(¢) A =0.5
1.4
ATANA
L2 61 1 1 | T ! lsa _
: [ Py jn a =1l |
e TaN A,
ATANA
1.0 0 2.0 Le
Xez. Al =t B R PY N A
- 1 1 H e
€ 8 J' 1.6 s ' - : —
3 = 2T T 1]
4 v 1
p l 1.2 e
° 2 ' 3 l | i } ‘ ‘
T ¢ ] | B
A |t L unswerrre4 3 PN T O I I
— T~ ] ] ! :
1 L l
T~ ‘ . i “_L
of T -t
2 —_L“‘___ 1o ‘ l
0 | _ISUBSONIC —e— SUBSONIC =e—
0 TaNA ! 0 1AN Ae l g °
. LE 8 —LE TAN A
B TAN A ¢ B, NAe




Xi ( FORWARD OF
WING)

(BEHIND WING)

SHOULD
ALWAYS BE
COUNTED
POSITIVE
Xz L

Flgure 6.3: Geometrlc parameters for the computation
of the effect of body or nacelles on a.c. location

Figure 6.4: Upwash ahead of the wing
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. The downwash behind the wing may be found from the methods
of Section 11.3, Equation 11.3.1. Here, the £, of Figure
11.3.1 is corrected for each X and the hH is corrected to

the x-y plant of the body axes. AiAC is obtained from
B

subroutine "MULTOP".
This concludes the derivation of equations for the Static Longi-

tudinal Stability.

6.3 FUNCTION "ACEM"

iAC for the wing or horizontal tail is obtained through Function

ACEM vhere this routine employs the data of Figure 6.2 to obtain XAC/CR

and then converts this result to iA in accordance with Equation 6.5

(o
The curves of Figure 6.2 are input as straight lines where the right

8

tanALE

combinations of high Mach numbers and high sweep angles. For example,

hand sides of the figures (for low values of

) pertain only to

8 . . .
LE tanALE .715 (which is well within

_p = 30° with M = .8 results in tanh o . 9622
E

(which is in the left half of the figure). The discontinous horizontal

A, . = 40° with M = .8 results in

the linear range), and A

axis can be accommodated conveniently by allowing the right half of the

horizontal axis to be an extension of the left half with

___Ta:ALE -2 - =& (6.11)
LE
X! .
Since Figure 6.2 returns -AC , Figure 6.1 is used to convert this result
root
as
X X!
X =AC_. (AC _ - 1
XAC - < “oot ~ Ymac tanALE) - (6.12)
c root c

The variables Kl and K2 of Fquations 6.5, 6.6, and 6.7 are defined as

hoanlinmhdenlis Bt g ———— LY T e ———— T




c
_ _root _ 3(1 + )
Kl z 2(1 + A+ A7) (6.6)
Ypact®®r 1+ 2M)
k2 root ) 12 ( A)(-tanALE~) (6.7)

ACEM also returns XAC (named XPACW) as the last variable in the formal
argreement list. This is the longitudinal dimensional distance from

the wing apex to the wing aerodynamic center.

6.4 SUBROUTINE "MULTOP"

This routine is a modified version of a routine described in
Reference 6.2. Itlﬁérforms the summation indicated in Equation 6.10
to arrive at the aerodynamié center shift caused by the body, AiACu
(named DXACR), and returns this variable for use in subroutine CMAiPA-
The modification consists of the addition of a similar calculation to
account for the discrete contributions of wing-mounted engine nacelles
to aerodynamic center shifte, AiACN (named DXACN).

When called by "CMALPA," only DXACB is used. However, when called
by subroutine "CLOCMO," DXACB is used to evaluate the wing-body-tail

Cm , and DXACN is used to establish Cm , the Cm of the wing-nacelle.

o Own [+

This latter variable is passed from subroutine '"CLOCMO" to subroutine

"POWER" in a common AERDAI as variable CMWEN. CMWFN is not used by
subroutine 'CMALPA."

“MULTOP" calculates the wf(xi) of equation 6.10 according to

2't'wse + xi B znose N '%

nese

where wf(xi) = the width of the nose at Xi

6.8
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‘to subroutine "MULTOP" where M is defined as

l'nose = the input length of the elliptical nose planform

nose = the length of the nose measured to the leading edge of

the wing

M, N = shape parameters obtained from subroutine CONSHP.

. 2 : ‘ [}
See Figure 6.3 for a clarification of wf(xi), lnose’ and lnose'

6.5 SUBROUTINE "CONSHP"
This subroutine is called only by subroutine "MULTOP" and iterates
over N to obtain M where convergence in M is presently specified via a

tolerance of

M= M -M, < .00l S (6.14)
fa (1. - )
where Ml = ln(él) (6.15)
2n (1. - ¢§) '
and M, = in(s,72.) (6.16)
N is incremented as
Ni = Ni—l + AN . (6.17)

and AN is selectively varied in magnitude by the subroutine until con-
vergence is achieved. ¢1 and ¢2 are normalized longitudinal distances
as depicted in Figure 6.5.

When convergence is achieved, subroutine "CONSHP" returns M and N

C Mt

2
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Figure 6.5 Ellipse Parameter Definitions

Two error messages may result from CONSHP if convergence is not

achieved. The first results when Mli > Mzi and (M1 - M2)i > (M1 - MZ)i-l

and yields the following message:
«%%x% TTERATION FOR M AND N DIVERGES #**%*
SETM=1.0 ANDN = 1.0
*%% (MESSAGE FROM SUBROUTINE CONSHP) ***
The second message results when CONSHP does not yield a converged value
of M within 100 increments in N. This case is signaled by:
k%% 100 STEPS CCMPLETE - DID NOT CONVERGE ***

*x%% (MESSAGE FROM SUBROUTINE CONSHP) *%%*
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CHAPTER 7

DIRECTIONAL STABILITY

7.1 INTRODUCTION

Generally it is quite difficult to calculate the lateral-directional
aerodynamic characteristics. The vertical tail plane is the dominant
factor and this surface is situated in a complex asymmetrical flow field
behind the wing/fuselage combination. This chapter will describe some of

the criteria important for the preliminary design phase.

7.2 DISCUSSION OF DESIGN CRITERIA

The primary preliminary design criteria for the vertical tail are the

‘following:

(1) The aircraft must possess positive directional static stabilirs
and the short-period lateral/directional oscillation must be
well damped.

(2) After failure of the critical engine, the aircraft must remaiz
controllable in the case of multi-engine ajircraft.

To assure compliance with criterion (1), an adequate value for Cn , the
static directional stability parameter, has to be provided. For singli-engi:e
subsonic airplanes, the value for Cn is often found to lie between .04 and
.lq (Ref. 7.1). A method for the-e;iimation of the parameter Cn is discussad

B
in section 11.16.

e




To comply with criterion (2), the vertical tail has to be able té
produce a certain minimum sideforce Cy to counteract the disturbing
\Y
yawing moment of a stopped engine. In this case, also, the control-
surface‘(i.e. rudd;r) parameters are important. A discussion of a
method to compute these parameters is given in section 11.25 as well as

in 11.14. A method to derive the minimum control speed, VMC’ is given

in section 8.

7.3 REFEREMCES

7.1 Torenbeek, E. Synthesis of Subsonic Airplane Design,
Delft University Press, Delft, The Netherlands.
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CHAPTER 8

UMC_ ROUTINE

8.1 INTRODUCTION

VMC will be defined in this chapter as the minimum speed at which level
or slightly climbing flight is maintained with one engine out and the remaiziz:
engine at maximum thrust, in a steady state flight condition.

Three methods for determining VMC were evaluated: the method of
Torenbeek (Ref. B8.2), and single-degree-of-freedom and three-degree-of-fre:ziz=
methods from Ref. 8.1.

The method of Torenbeek was found to be similar to the first method

from Ref. 8.1

8.2 SINGLE-DEGREE-OF-FREEDOM APPROXIMATION

|
\
|
|
\
From Rei. 8.1, p. 5.37, the moment equation about the aircraft Z axis
is given by:

|

Ny
Cp 8+ Co Sp* T O
g g @b | S N
A
- T BT S
5, = B__- ¢
R c |
6R : s.2

To check the roll axis, the maximum sideslip angle reached if the pilz>:

does nothing is given by:

8= Mg

max -
C_ qSb -
na (:.3)

and the aileron deflection required for this condition is given

’

8.1
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A short computer routine was written to allow a quick check of methods.
The routine finds rudder deflection as a function of flight speed V, where
V is incremented by 0.5 mph after each iteration. Input values were taken
from Ref. 8.3, and runs were made for two values fo sideslip angle, 0 deg.
and 5 deg. (in a helpful direction). Bank angle is not taken into acccunt
by tﬁis method.
Results by this method appear to be quite high. Maximum rudder deflection

for the airplane is 22 degrees, yielding a V of about 103 mph at R = 5°,

MC
This is 1.5 (vStall)’ and much higher than the 1.2 VStall requirement. From
Ref. 8.4, VMC for the airplane investigated is 80.6 mph. This large a pre-

diction error is unacceptable for preliminary design, leading to the use of

the three-degree-of-freedom method.

8.3 THREE-DEGREE-OF-FREEDOM METHOD

From Ref. 8.1, p. 5.38, if a fixed bank angle is assumed, the three
remaining variables are B8, SA, and GR; these may be found by using
equations 8.5, 8.6 and 8.7,

Examining these equations, it is seen that in addition to the stability
derivatives of the delta matrix, the necessary input variables are weight,
flight path angle vy, bank angle ¢l’ wing span and area, dynamic pressure a,
rolling moment due to thrust LTl, and yawing moment due to thrust NTl.

Bank angle ¢ is the independent variable. Yawing moment due to thrust,
NTl, is found by adding the thrust of the remaining engine to the drag of the

feathered propeller and multiplying by the engine moment arm, which is the

lateral distance from the c.g. The rolling moment due to thrust is a function ¢f

8.2
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- |mg sin é, cos y, + Fr !
. 'YJ
. C, C,
Qs Sp 8p
- L C C
T, ,- [} 2
1/q15b 64 GR
- N c c
Tl/q Sb Ns Ns
1 A R .
i (8.5)
cY CY6 ch
8 A R
CL cls cla
B A R
c c c
n n n
B8 GA GR
[mg sin ¢, cos y, + F
T
- Y1
¢ c
Y - Y
B q]S GR
c - L c
L T, ,= 2
8 1/q]Sb 6R
C - N _ c
- Mg T1/qISb "5R
i (8.6)
2]
[mg sin ¢, cos y, + F
T
- Y1
c C ’ ,
Y Y -
8 GA q,S
o c - L
L L T, ,-
8 6A 1/q1Sb
c, C, =Ny _
B8 GA 1/q1Sb (8.7)
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the thrust inclination angle and the aircraft angle of attack; at the angles -
. _ s

of attack typical of low speed flight, the components of asymmetrical thrus: o
and drag in the Z direction produce an appreciable rolling moment in a i

-

direction which requires more aileron deflection and increases V An

MC’

additional rolling moment is produced by lift due to the slipstream for

propeller aircraft.

»

14

T3 O I O £ X KR Y

L . Gl 4131}
D
Figure 8.1 Ve Variable Geometric Definitions .
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9.1 INTRODUCTION

CHAPTER 9

ROTATION SPEED

The speed at which the aircraft rotates at takeoff, VR’ is

calculated using a method from Reference 9.1. This method was

originally developed by Perry (Ref. 9.2) and is based on a constant

rate of pitch-up after lift-off. The advantage of the method is

that it is representative of piloting techniques used in civil

aviation since pitch angle can be directly observed, contrary

to lift coefficient.

The equations of motion are linearized by

assuming V = constant and (T - D) = constant.

9.2 DERIVATION OF EQUATIONS

There are certain criteria concerning the speed during the

V,=1.2V

LOF

takeoff (Ref. 9.3). The most important are the following:

The rotation speed is the speed at
which the pilot raises the nose wheel.

Where V1 is the decision speed.

Where VMCG is the minimum speed for
control during engine out cases.
Should be chosen such that V2 is
reached at 35 ft, taking into account
the speed increment, AV, between VR

and Vl.

vS is the l-g stall speed.

Is the speed at which the landing gear

leaves the ground.

9'1




VL0F5J"1VWU All engines or:

VLCF:il'OSVMU For engine out conditions, where

VMU is the minimum unstick speed,
or the minimum speed at which the air-
craft is still controllable when it

leaves the ground.

For low T/W ratios, VR and VLOF may be increased to ensure positive

climb gradient.

Figure 9.1 shows a schematic diagram of the takeoff.
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Figure 9.1: Take-off parameters.

9.2.1 ROTATION PHASE

Assuming that the acceleration along the X-axis during the
rotation phase is equal to the value at lift-off and assuming a

mean rate of rotation about the Y-axis (dS/dc)R, it may be found
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for the rotation distance:

a, - a
S, =1/2 (v, + v ) =28 (9.1)
R LOF (dﬁ/dt)R '

where: « ¢ The angle of attack at which 1lift-of<

LOF
occurs; this follows from the CL -a

curve in ground effect.

The speed at lift-off may be calculated as follows:

o O
T-D} LOF g (9.2)

7
W LOF (de/dt)R

VLOF = VR+A1V = VR+g{

The rotation rate (deldt)R depends mainly on elevator power and
moment of inertia about the Y-axis. As an average value 4.6 deg/sec

may be taken (Ref. 9.1).

9.2.2 AIRBORNE PHASE

The speed increment from lift-off speed to the speed at 35'
may be obtained from the energy equation:

g(S + S.)
AV = LOF 1 (2. 3B (9.3)

7
2 VLoF oo S5rt S

The airborne distance is composed of two phases:

. A flare-up, where the flight path angle increases from zero

during the ground run to Y2 at V2.

. A phase with constant climb angle yz.
The calculations for this part of the takeoff are based on Perry's
method (Ref. 9.2). Perry based his method on numerous observations
of takeoffs concerning light as well as heavy aircraft. From these
observations functions were derived that describe the path of the

aircraft after 1lift-off. Using these functioms, it is possible to

9.3




calculate the gain in height and the flight path angle during

flare-up.

The gain in height after lift-off is given by:

v 2
h=—29E T-Dgiy rn) (9.4)
g W
where: v
sy _ LOF _W d8. :
F(O) =1+ — =7 _p N, o R (9.5)
dC
L/da :
n, C (9.6)

Lior

F(h) is a non—dimensional.function of height;
may be determined from Figure 9.2.
The rotation rate during flare-up may be approximated by using a
value of (de/dt)A of 2-3°/sec for the engine failure case and
5°/sec for the all-engine case.
The climb-angle during flare-up is given by:

~dh _T-D

Y= ds 1Y

F(8) F(y) (9.7)

wﬁere: F(y) is a non-dimensional flight-path
angle function depicted in Figure 9.2.

The end of‘the flare-up is reached when v = Y, (for the engine out
case) or y = Yq (for the all-engine case).

It should be noted that Y, can only be calculated when VZ
is known. Also, the functions F(h) and ¥(y) are & function of
the distance traveled after lift-off. The calculations are therefore
iterative. |

By using curve-fitting routines, the following set of formulas

was found to fit the curves in Figure 9.2:

9.4
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F(h) = (-.01867 - .02682 X, +.21233 sz) + ‘
\

#1403 n) (0023 + .0543[X_ - .51} (9.8) |

F(y) = (-.09813 + .56022 X - .06661 X, 2y 4 1
+{(3 - nq) (.009 + .0468 [xf - 4D} (9.9) !

. |
where: xf - B ; (9.10) ‘
VioF

. //n/ 3

4,7?7

//, e

Figure 9.2: The functions F(h) and F(y) used in
Perty's rethod for the analysis of the airborne

path (Derived from ref. 9.2)
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CHAPTER 10

10.1 INTRODUCTION

It should be noted that the methods in this chapter were not within
the scope of work for the latest revision so the remainder of this
chapter, and the computer routine for determining moments of inertia,
are identical with what was presented in the original documentation
report. The user is advised that independently determined inertia data
should be used as an input if it is available. Doing so will greatly
reduce the number of input parameters required and thus simplify the
use of this program considerably. The methods in Chapter 10 are only
approximate, intended for general preliminary design use, and have not
been independently verified.

Moments of inertia are used in the determination of the dynamic
stability characteristics of an aircraft. The specific values needed
I

for input into the dynamic stability routine are I and IK?’

XX’ IYY’ zz’

representing moments of inertai inm roll, pitch, and yaw, respectively,
and the XZ cross product. It was decided that the ideal routine should
be able to compute inertias within +10%.
Inertia data were solicited from a number of airframe manufacturers
]
to provide baseline data. Data for 18 aircraft were graphed and examined
for trends, in the hope that a modified statistical method could be derived.

These are presented as Figure 10.1-3. This method did not produce the

desired results.

10.1
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A trial run was.made with a method from Reference 10.1. This
' mn
method is relatively simple and provides the required accuracy. A u

description of the method and results follows.

10.2 DISCUSSION OF METHOD

‘Em

The moment of inertia of a body about its own axis of rotation

R

is given by:

. I=71%p av (10.1)
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Statistical data for pitching moment of iner

O ¥ 81 % 12038 VIV

Figure 10,1:




R | — 1 -
ared ——a e ot | | ] i | - WAy and
i »
{
YRR VLTS SR N YUTRY A LR (R0 %3
ot [T} b4 LT3 L, o '] 94 N n “ w‘
v
' , N T | ] ;
e " ot . AR ! i E H b
. gt | ! e b ]
- . N - . N N _ 42 ’
. i e h
) . RRE \ ; : . s 4
i ) | v ;
. - i I I . [ - 4« .... e
. Yt < s
- =h 'S
R ° i
...... [ 0 Y i : . 4, . oo
1 i € i
ARNNE i} H0IA ALGHD 3IVDIONE SIOWNAS HD40 RERERES 2
! AN 1 YSuND Ivdiung 5 1aHMas #iws L “
.u. -1 ﬂ -m
“
R L N I .
(<]
- PO FURS o SN O 41 Y
- [.] A
d.2 N . . v
e - “ L
0 " |
- - 18 . — < !
Q .
LARM - . - v c
d¢ = v
B i H -
. - '
& ]
. L= R 2 o
B 2 wn
‘ -
qoi,
14 ~
I 190 N6 O ) O W 5 9 . o
LI U 5 .,:..On| RS o e e 1u -
| [
: i e .
ab INRRSAS S §
oK K g
S N T W
AR AN R 1.
i ; 1 ! !
,




IR B T Y T I T T I VYT T
% o H ol [1] €°" L1 [73 1] " 9" Y] &

.
, . ' H X 1 ! ; .
: e 4 11 HITE AR BB _ . ._.
! i . R il RE A
) i _ H _
) 1| . i 1 )
12434 ALaWY ILVIIUNT SIOAMAS M)
Y 1T noian ssows aavatons $106Mas Qs iom
I b1’
0 1 !
05340 |- A-Fi 1] eein@

o
-
Ol ¥ §1 A 20N I lvIY

-
-

(4]

[{]

Figure 10.3

Statistical data for yawing moment of inerti

Wy

.
(=)
~




A

oo

where: r is the distance to a point {rom the Lo
P
. ) &
rotation axis, and
Lag?
prdV is the mass. 1
The inertia thus obtained will be refered to as IO’ for a body about By
*

its own axis. This inertia may be transformed to a remote axis by

the parallel axis theorem: .

_ 2
I-= IO + mr, (10.2)

where:
r is the radius t0 the remote axis.

2
In the detail design phase the aircraft may be broken up into
several hundred sections to determine inertias. This is not practical
in preliminary design. From the graphs of inertia data (Figures 10.1
through 10.3) it is apparent that a purely statistical approach

would be difficult. The method of Reference 10.1,combines some

aspects of weight breakdown and statistical methods to produce rela-

The method of Reference 10.1 divides the empty aircraft into
five major sections:
1) |VWing
2) Fuselage
3) Horizontal Stabilizer
4) Vertical Stabilizer
5) Power Plant (Engine and Nacelle)
Mass and distance from the rotation axis are determined for
each section, resulting in the mr2 term of quation (10.2); Io's

for each section are given by statistically based equations.

tively rapid results. E
I
4
i

10.6
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The inertias thus obtained are for the empty aircraft, gear up.

Variable item inertias are estimated with formulas for standard

geometric shapes.

Formulas for the various I_.'s are presented below. Figure 10.4

0

illustrates geometric variables.

Figure 10.4: Airplane geometry

a. Wing Pitching Moment of Inertia, IOY
. b, ~2 2 2
if: (1) = € ( ca + cb + cc cb + Cc )
. _ 0, ~3 3 2 2 3
and: 2) = 13 ca + cb + cc cb + cc cb + cc )

10.7
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then: (3) =

where:

.5 (-ca+c + C )

2) - 4L

Iv J
5 (10.4)

b c -

Ca is the smallest of the following values:
bwtanALE‘ bwt:anl\m_:u
v

c, ;] —m——3; ¢+ ——— (10.5)

R, 2 ty 2
Cb is the intermediate value
Cc is the largest of these values

then:

I, = -703[(3) ' (10.6) ;

b. Wing Rolling Moment of Inertia, IOX

. |

2 c + 3¢

_ Mpby K [ Ry tw (10.7)
(0).4 24 c c, ‘ w5
Re s #
(For value of Kl’ see Figure 10.5.) E
1.1 :
1.0 P
.9 .
.8 b— p
&
.7 Y
Note: CGV
Ky .6 X-axis c <.
- e S (het2 ) f
.5 ’ 6 ‘Rv + ¢
3k .
.2 J

Figure 10.5:

pParameter for Wing Rolling

Moment of Inertia,l
°x
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Wing Yawing Moment of Inertia, IOZ

Ioz = IOX + IOY (10.8)

Fuselage Pitching Moment of Inertia, IOY

1 = MfusSKZ 3hC + qus (10.9)
0Y 37.68 ZLf h :
us C
(For value of K2, see Figure 10.%£.)
Note: L /2 - X
X-a:i H F CGF
meter:
parameter Lp/2
K2

Figure 10.6: .
Parameter for Fuselage Pitching

Moment of Inertia, Io

Y
Fuselage Rolling Moment of Inertia, IOX
2
M, K S
_ £ 773 fus
on =3 s : (10.10)
fus
(For value of K3, see Figure 10.7.)
Fuselage Yawing Moment of Imertia, IOZ
IOZ = IOY (10.11)
Horizontal Stabilizer Pitching Moment of Inertia, IOY
if: =P (2 2 2
1y=g¢c +c"+cCc C +C)
_ P 3 3,2 2 3
(2) =13 (-(:‘a +C 7 4 cc cb+cc Cy +cc) (10.12)

10.9
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Figure 10.7: Parameter for Fuselage Rolling
Moment of lInertia, l°
X
2
(3) = (2) - ’('r%‘ (10.13;
where:
p = MH (10.1¢&;
.5 (Ca+cb+cc)
Ca is the smallest of the following values:
tham\LEH th:anI\LEH
e e, 3 —8m———; ¢, + (10.15?
RH 2 tH 2
" Cb is the intermediate value
Cc is the largest of these values
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then:

IOY = .771 (3)

N
F—l
[wb]
s
o

N

h. Horizontal Stabilizer Rolling Moment of Inertia, on

2
=Mﬂbu Kl Bt %y

IOX 24 c + c

(10.17)

1.7

1.6

Cpree

1.3

1.2

1.
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Figure 10.8: Parameter for Horizontal Tail

Rolling Moment of Inertia, |
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Horizontal Stabilizer Yawin: roment of Inertia, IOZ

IOZ = IOY + IOX (10.18)

Vertical Stabilizer Pitchiny Moment of Inertis, IOY

Iy = Iox * 1oz (10.19)
Vertical Stabilizer Rolling Moment of Inertia, I,
C
My bv2 Kg 2ch ty
IOX =35 1+ Y (10.20)
(c 4+ c_ )

(For value of K., see I'lgure 10.39.)
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1. Vertical Stabilizer Yawing Moment of Inertia, IOZ
if: W =2¢c?+c?+c c +c? (10.21)
6 a b c b c
P 3 3 2 2 3 N
(2) =3 -~ +c +cCcc +cC 4+ ¢ (10.'22,
w?
(3) = (2) - 5~ (10.23}
y
where:
p = i (10.24)
5 ( Ca+cb+cc)
Ca is the smallest of the following values:
c., ; b_tanA s c¢. <+ b_tanA (10.25)
Rv A LEV tv v _LEV
Cb is the largest of these values
then:
IOZ = .771 (3) (10.26>
m. Power Plant Pitching Moment of Inertia, IOY -
- 3 2 2 _ 2 \
IOY .061[4 MpdNac + ‘1eLEng + (Mp Me) INac ] (10.27)
n. Power Plant Rolling Moment of Inertia, 10‘
I..= .083Md 2 (10.28}
0X . p Nac neu
o. Power Plant Yawing Moment of Inertia, IOz
I..=1 (10.25;

0z 10)4
K values are statistically based and presented in graphic form
as Figures 10.5 - 10.9, reproduced from Reference 10.1. An equation

was fitted to the Kl line with a power curve fit. K2 - K5 are linear

10.13
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equations of the form y = mx + b.

1.8438 +

Kl = 1.2454 (X1 - .585) 64
where:
= Y [Re . N
X1 acgw/LB 0.1667 (chJ+ 2 cc)/(cR + ct)}
K2 = .98 - .915{(.52, - X )/(.Szf)}

¢
gfus

"

K3 = .07 + .186/ﬁz (wfs/wf)

K4 = 1.97-X2 - 1.055
where:

X2 =Y  /{b,+0.1667(c, + 2¢c
cgyy HT Ryr St T

K5 = 2.362-X3 - 1.134

where:

X3 =2 J{b.,.0.3333(c, + 2c Y/ (e, + ¢

cgyr - VT Ryr vt Rt

Y (ep + ¢

t,.

(10.30)

(10.30a)

(10.31) .

(10.32)

(10.33)

)}
HT

(10.332)

(10.34)

)}
VT

(10.34a)

Fuel and passenger inertias are not accounted for by the method

of Reference 10.1.

Assuming that all fuel is carried in the wing and tip tanks,

fuel inertias may be approximated as follows:

Referring to Figure 10.11, the fuel tank is assumed to start at

the fuselage and continue a distance, bfuellé’ to a station, R. The

fraction of the wing chord filled with fuel is given by Cfuel

>

10.14
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Figure 10.10: Fuel tank geometry

Fuel volume is assumed trapezoidal. Integrating over the trapezoidal
volume with z, y, and r coordinates as shown, the inertia about the

r = 0 plane is given by:

4
[

_ R_2
oxx = 2X [, rioaMdr

R_2
2X [0 to(2) - ZyT + Z,0)(Y) - Y,r + Y,r)dr (10.35)

Zl’ ZZ’ Yl, YZ’ and p are constants, allowing integration

of the equation to yield:

3 -
Toxx = R (0.03330Z;Y, + 0.05022Y1+ o.ospzlyzw.zpézyz) (10.36)




The variables Zl, 22, Yl, and Y2 are functions of known variables:
= - -y C 0.37;
Z1 {(t/cr t/ct)(l C/bw) + t/c;% ‘ (1
where:

Cl = {(chJ— Ct)(l - wc/bw)z + .

= {(t/cr - t/ct)Q - bfuel/bw) + t/ct} ¢, (10.35}

where:

(@]
n

2 {(CR(L- ¢ - bfuellbw).% M

Y = Crue1 ¥ G

2 = Sfuel c, (10.3%)
fuel density in lb/ft3
32.174

©
]

Tip tank variables are illustrated in Figure 10.11.

ccrw '““——*'

\l\____L_

—

-
-~
O

>

Figure 10.11: Tip tank geometry




The tip tank lateral location variable has a default value of bw/2;
using other values drop tanks or nacelle fuel may be simulated.

IO inertias are calculated for tip tanks about the pitch and yaw

axes by:
M . L 2 D 2
- _tip 17 17
10 5 0—5—0 + c—i——) (10.40)

using the inertia formula for an elliptical body of revolution.
Io for the roll axis is considered negligible.

Passenger inertia variables are illustrated in Figure 10.12.

L

X .
i pilot ]

\ R ' J

Figure 10.12: Passenger compartment.

mass to be uniformly distributed over a 4.3 by 1.5 ft. rectangle. In’s;”i

in the pitch and yaw axes are considered negligible.




I..'s required for the

XZ

approximated by considering the I 's of the tails, and the wing
p o <

XZ

where applicable.

10.3 CHECK CALCULATIONS

The sample aircraft of

calculation.

a.

Wing Pitching Moment of Inertia IOY

Ca = 8.75

Cb = 17.08

Cc = 25

p = 27.98

(1) = 5908.3

(2) = 88370.4

(3) = 13492.6

IOY = 9485.3 slug ft2

Wing Rolling Moment of Inertia IGX

2
IOX = 135546 slug ft

Wing Yawing Moment of Inertiz I02

- - 2
I, = Iox * Loy = 145031 slug ft

Fuselage Pitching Moment of Inertia IOY

2
IOY = 311319 slug ft

Fuselage Rolling Moment of Inertia on

K3 = .98

I = 11899.9 slug £t°

0X

10.18

dynamic stability derivatives are

Reference 10.1 was used for a check

e,
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f.

g.

Fuselage Yawing Moment of Inertia I

0z

I.,=1 = 311319 slug ft2

0Z oY

Horizontal Stabilizer Pitching Moment of Inertia, T

oY

C = 3.539

a
Cb = 7.709
C = 8.33

c
p = 4.97
(1) = 149.61
(2) = 837.4
(3) = 117.2
IOY = 90.38

Horizontal Stabilizer Rolling Moment of Inertia, I

0X
K4 = .72

IOX

1723.8

Horizontal Stabilizer Yawing Moment of Inertia, I

0z

IOZ = IOY + on = 1814.2

Vertical Stabilizer Rolling Moment of Inertia, I

ox
K5 = .93

Iox = 188.6

Vertical Stabilizer Yawing Momeni of Inertia, I

(07
C_ = 12.56
a

C, = 20.8

b

C. = 20.89
c

10.19
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p = 0.64

(1) = 122.2
(2) = 1815.17
(3) = 213.6
IOZ = 164.7

1. Vertical Stabilizer Pitching Moment of Inertia, IOY

L -1 41T =353.3 slug ft°

oY

oX 0z

m.' Power Plant Pitching Moment of Inertia, IOY

1., = 2748.8

oY

n. Power Plant Rolling Moment of Inertia, IOX

1 = 448.6 slug ft2

OX

ORI

o. luwer Plant Yawing Moment of InertiaL_IOZ

2 R v v

as well as with the computer testrun output,

10.4.

A comparison of th

2
I, = gy = 2748.8 slug ft

Aircraft Cross Product Inertia, IXZ

1 = -Z (X..)
X2, cG, ' CGy My
1.. = 2892.1
X2
I =2 X )
Xz, "COuing  CCuing "
1., =0

10.20
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10.4 PROGRAMN DESCRIPTION

The method described in Section 10.2 was transiormed into a
FORTRAN computer routine. Table 10.1 shows the computer variables

as used in the program. Figure 10.13 shows a flow chart of the pro-

2 UR K mE s B Oy M 9 0 k3 o & o 63

Coc

(e T Y ST

e

gram. A listing of the program as well as a sample output is

shown in Figure 10.14.

TABLE 10.1 VARIABLE NAMES IN SUBROUTINE " INERTA"

NAME ENG. SYMBOL DIMENSIONM ORIGIN REMARKS

AXIS s ft Common Major axis of
tip tank

J - —
BENGOB beng/bw Common
BFUEL b ft Common
fuel

BHT bHT ft Common

BVT bVT ft Common

BW bw ft Common

BX1IS b ft Common Minor axis of
tip tank

CA C —-— ——

a
CB Cb —— —
ccC C — —
c
CGLG CcG ft Common Radial distance
LG

from fuselage
center line

CFUEL Cfuel ft ——

10.21
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TABLE 10.1 VARIADLE NAMES IN SUBROUTINE "INERTA" (continued)

T apo——r 4P

- ——

NAME ENG. SY:{BOL DIMENSION ORIGIN REMARKS
CHORD1 - - - Dummy
CHORD2 - — -— Dummy
CON —— —-_— —-——- Dummy
CONST1 —-— —_— —— Dummy
CONST2 —-— —— -— Dummy
CONST3 —— —— - Dummy
CRCLHT C ft Common
Rar
CRCLVT C ft Common
Ryt
CRCLW C ft Common
g
W
- CTHT C, ft Common
HT
CTIVT C ¢ ft Common
VT
CTW C ft Common
t
1)
DBARN d ft Common
nac
f
ELCG X cc t Common
ELCGH X ft Common
CGHT
ELCGV X cc ft Common
VT
ELF L ft Common
fus
ELN L ft Common
nac

€.

[ g

prgpees

=
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TABLE 10.1 VARIABLE NAMES IN SUBROUTINE "INERTA" (continued)

NAME ENG. SYMBOL _ DIMENSION - ORIGIN REMARKS
ELTIP XCG ft Common
Tip
ELWING X ft Common
CG
w
2
ENGIOX on slug ft —_—
eng
2
ENGIOY IOY slug ft —_——
N eng
ENGIX I slug ft2 —_—
XX g
eng
ENGIY 1 slug ft2 _—
YY us
eng
ENGIZ 1 1 £ 2 —_—
27 slug ft
eng
FUELD Pfuel 1b/gal Common
) ' \
FUSIOX I slug ft —
(0).¢
fus
2
FUSIOY 1 slug ft —
(6)'¢
fus
2
FUSIX 1 slug ft _—
XX
fus
2 A
FUSIY IYY slug ft ——
fus
2
FUSIZ 1 slug ft —
YA4A
fus
GEARIX 1 slug ft? -
e
2
GEARIY IYY slug ft -
LG
2
GEARIZ Iz slug ft —
“e
10.23




TABLE 10.1 VARIABLE NAMES IN SUBRCUTINE "INERTA" (continued)

NAME ENG. SYMBOL DIMENSION ORIGIN REMARKS
HC hc ft Common
2
HORIOX IOX slug ft -—
HT
2
HORIOY IOY slug ft -——
HT
HORIX 1 slug ftz ——
XXt
2
HORIY IYY slug ft —
HT
2
HORIZ IZZ slug ft —-—
' HT
INERTX I sl ft2 -
: XX ug
INERTY I slug ft2 ——
YY o
INERTZ 1 slug f*2 —-——
ZZ & *F
I0Y -— -— - Dummy
IROW - — -— Dummy
IROW2 - —_— - Dummy
IXXP Ixx slug ftz -
Pax
‘ 2
IXZ IXZ slug ft -
2
IXZH IXZ slug ft —-_—
HT
2
IXZV IXZ slug ft —-—
VT
' 2
IXZW IXZ slug ft ——
W
L d 2 .
IYYP IYY slug ft —
pax

10.24




TABLE 10.1 VARIABLE NAMES IN SUBROUTINE "INERTA" (continued)

T G e o3 R e &3 ol e e G0 BT &M O o £ KI 33 62

NAME ENG. SYMBOL DIMENSION ORIGIN REMARYS
IZZpP I sl f t2 -—
YA 27 ug
pax
K1l K1 - -
K2 K2 —— —_—
K3 K3 - ——
K4 K4 -— -
K5 K5 — —-—
LENG L ft Common
eng
M M 1b - Dummy
MB \Y 1b Common
MBT WB slugs _——
MEP w slugs -
pe
HET Wfue1 slugs -
tip
MFW 1Y fuel slugs ———
W
MHT WHT slugs -
MLG WLG slugs —
MP w slugs ——
P
MPASS w slugs —
pax
MPIMAX W slugs —— |
pax |
max |
|
1
MTIP wtip slugs ——
10.25
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TABLE 10.1 VARIABLE NAMES IN SUBROUTINE "INERTA" (continued)

ENG. SYMBOL DIMENSION ORIGIN

10.26

NAME REMARKS
MVT WVT slugs —-——
MW Ww slugs -
PAX Npax -—— Common Excluding
pilot
PS P ft Common
. seat
R - -— - Dummy
Rl - - -— Dumnmy
RELP XCG /£fus —— -
RELR XCG /zfus —— -— .33
fus
2 4
RHO p 1b sec”/ft e
SAB - - Common
SAH — —-—— Common
SF S ftz Common
fus .
SWPLE ALE rad Common
W
SWPLEH ALE rad Common
HT
SWPLEV ALE rad Common
VT
TCR t/clR — Common
TCT t/clt - Common
TIPIOY IoY slug ft _—
tip
UWPAX W 1b Common
pax

g e e T . Ty




a TABLE 10.1 VARIABLE NAMES IN SUBROUTINE "INERTA" (continued)
a NAME ENG. SYMBOL DIMENSION ORIGIN REMARKS
VERIOX I slug g2 _—
E OXyt
2
VERIOY IOY slug ft -
VT
B :
VERIOZ IOZ slug ft —
vT
i 2
VERIX 1 slug ft —
XXyt
| 2
VERIY IYY slug ft _—
VT
2
VER1Z Izz slug ft _—
VT
E WAS wai.s_le ft Common
WB W 1b Common Fuselage structurzl
B .
i S weight
l WBT WB 1b Common Fuselage weighﬁ
WC WC ft Common
a WEIGHT W 1b —
WEP W 1b Common
pe
g :
WFIOX 1 slug ft -—
oX
fuel
1 2
WFIX 1 slug ft -
XX
fuel
H 2
WFIY . slug ft ——
fuel
; WFTP 1) 1b Common
fuel
tip
J ;
l WFW w£uelw B Common ;

10.27
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b iat batone s e w s

TABLE 10.1 VARIABLE NAMES IN SUBROUTINE "IXNERTA" (continzed)
NAME ENG. SYMBOL DIMINSION ORIGIN REMARKS
WHT WHT 1b Common
WLG wLG 1b Common
WNGIOX 1 sl ft2 -

ox,, ué
2
WNGIOY 1 slug ft —-—
0Y
W
2
WNGI0Z 1 slug ft ———
0z
W
WNGIX IXxw slug ft2 ——
2
WNGIY 1 slug ft ——
YY
W
) 2
WNGIZ I slug ft ——
ZZ
W .
1% Wp 1b Common
WPLMAX %) 1b Common
pax
max
WS ft Common
seat
WTIP W, 1b Common
tip
WVT WVT 1b Common
WW Ww 1b Common
XPILOT X . ft Common
pilot
Y1 —— ——— ——— Duznyv
Y2 - - — Duomy
YCGENG ?CG ft Common
eng
10.28
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TABLE 10.1 VARIABLE NAMES IN SUBROUTINE "INERTA" (continued)
NAME ENG. SYMBOL  DIMENSION ORIGIN REMARKS
YCGHOR YCG ft Common .2 bHT
HT
YCGTIP ch ft Common
tip
YCGWNG Yc ft Common .18 b,
wing
Z1 — -— —— Dummy
z2 -— — —— Dummy
ZCGHOR zcc ft Common
RT
ZCGVER ZCG ft Common .6 bvT
VT
ZCGWNG z fr Common
cc,,

Table 10.2 illustrates the comparison between the results of

the hand calculation, the data of Reference 10.1, and the computer

output for the test airplane of Reference 10.1

TABLE 10.2 COMPARISON OF INERTIA COMPUTATIONS

A N S B KN e Ed NP N ER PW KR G K e

KU-FRL KU-FRL
"INERTA" "INERTA"
Hand Calculation Ref. 10.1 Computer
Io 9,485.3 9,493.2 9,443.9
YW
onw 135,546.0 135,591.5 135,861.6
Iozw 145,031.0 145,084.7 143,305.5




TABLE 10.2 COMPARISON OF INERTIA COMPUTATIONS (continued)

KU-FRL KU-FRL
"INERTA" "INERTA"
Hand Calculation Ref. 10. Computer
IOY _ 311,319.0 311,473. 311,994.9
fus
IOx 11,899. 11,798. 11,191.
fus
IOZ 311,319. 311,473. 311,994.
fus
IOY 90. 95. 90.
Hoz
1 1,723, 1,774. 1,724.
%oz
IOZ 1,814. 1,870. 1,814.
Hoz
1 353. 305. 339.
OYVert :
'IOX 188. 188. 189.
Vert
1 164. 116. 150.
onert
IOY 2,748. 2,748. 2,761.
eng
IOX 448. 447. 448.
eng
Ioz 2,748. 2,748. 1,966.8
eng

NOTE: All inertias in slug ftz.

Table 10.3 gives the results of computer runs to determine the

mass properties for several general aviation aircraft.

are manufacturers'data.
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TABLE 10.3 IXERTIA CALCULATICONS, COMPARISON
AIRPLANE Ixx % Tey % Iz x
TYPE “EIGHT SCURCE slug ft ERR. slug ft EXR slug ftz EXRR. i If(Z
E MWE INERTA 650.6 2.9 644.4 - 1231.9 6.0 -25.96
MANF. 631.7 : 661.5 . 1157.9 :
E MTOW INERTA 697.8 645.9 1254.9
MANF. - — ——-
T MWE INERTA 829.6 1860.2 2993.7 -1891.7
MAXF. 794.2 4.3 psn.a 133 s 26.7
F MTOW INERTA 1215.2 27.7 1879.8 1 3334.7 Lo
MANF. 1551.4 . 1878.3 . 3301.0 .
H MUE INERTA 9467.5 6.6 139309 ,g 220765 Ly -267.5
MANE. 8846.0 . 14318.0 : 21830.0 .
H MTOW INERTA  17512.7 21554.0 37267.6
’ MANF. 1880 150 2927000 6.0 33836.0 9.2
A MVE INERTA 6793.2 1.0 17260.9 13.4  22919.0 a6 -l320.6
MANF. 6045.0 . 14948.0 19572.8 .
A MTOW INERTA  34319.6 22561.9 52960.9 -
MANF. — — —

The average error in the computations is as follows:

Txx

Tyy

IZZ

11.3%

6.8%

5.7%

It may be concluded that the subroutine INERTA performs well

within the accuracy required for preliminary design work.

were available for comparison with the 1

10.31
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INPUT

DATA

\

COMPUTE
KI'KZ'K3’
Kb'Ks

\

CONVERT
WEIGHT TO
MASS

COMPUTE
CONSTANTS

SET
Mes M
CON = %703

CC = CONST2
CB = CONST1
CA = CONST3

SET

CHECK=1

(10.30-34)

(10.5)

CA = CONST2
C8 = CONST?
CC = CONST3

vl exe o3 3 620 ETS S @ e

CA = CONSTI CC = CONSTI
- +
‘
€8 = CONST2 €8 = consT3 CA = CONST3 CA = CONST2
€C = CONST3 cc = constz €8 = CONST2 CB = CONST3
4 \
120

Figure 10.13: Flowchart of subroutine "IHERTA"
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3
¥
COMPUTE | (14 19
E DENSITY
' coMPUTE | (14 3
Yoy (10.6)

’ - o
125 e CHECK . @

+

M
COMPUTE COMPUTE (10.20) COMPUTE (10.17)
i (10.7) | . 1 :

x\l oxv OXH

v { =1 +1
onu toYv“oZ, : .l °ZH oXH oY'

\ 1

COMPUTE COMPUTE COMPUTE (10.25)

{(10.15)
CONSTANTS bov (10.9) CONSTANTS

us

4 1 1

-
-
-

SET cr‘)r\PUTE SET
CHECK = O oXus (10.10) CHECK = 1
J ‘ < \
RESET COMPUTE RESET
He=n IOY (10.27) M= HV

coN = .77 eng

Go) conpuTE )

lox (10.28)
eng

1
COMPUTE
'
Y,

Figure 10.13: continued
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COMPUTE
I

Xy

A

COMPUTE

|
ZZV

\

COMPUTE
I

YYH

COMPUTE
XXH

\

COMPUTE

}
ZZH

1

COMPUTE

l
YYv

\

COMPUTE

1
XXv

COMPUTE

|
ZZv

Figure 10.13: continued
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COMPUTE
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1
ZZLG

i

COMPUTE

]
'XZ s

COMPUTE

yy
eng

1

COMPUTE

Txx
eng

|

COMPUTE

'22
eng

\

ADD
INERTHIA
COMPONENTS

3

COMPUTE
FUEL
INERTIAS

\

COMPUTE
PASSENGER
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A
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TOTAL
INERTIAS

P o I R e o

RETURN

ey — ——— L A S, —— - ————— - e

r-—3

[ ot |

r~4 e

P"-:l-n

S =
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P I N I P O B TRES B e NV, B N RV U SR RV I 0%

4~ o~ \_'J. [ NPV N PUATST I PV PYRE RV INAVEREN B Y IVAV LA VEFAV SR AP SR AV LAV AN )
L IR 4

L A ey

Ol a8
(VAR o

PO AV LS

(YA,

a3 B

SROJTINE INERTA (INERTX,ILERTY,INERTL,IRL,

Suz

SIXXA, LYY 1,10 29)

WAL KV oRZ /K I o RAAK S, T b as W T4 MP M5 ,4L5,
SMPL AN s MWl F TP, TIPS, MREMANS N ET SJLENC,INERTX,
JI0Y,INERTY I ’RT_II.’:ZIIXZV*IIXZVILXZHILDZLJTIIXXPIIYY;I}Z

SAINXY LIt YNL,IZINTZL

COFMNINIRZIGRT/ZLCL, WS IGRT

COMMIN/GECH/DIRD/ ZWsSAH, XHAAC,ZLINC
COMMINSRGHT N BT s dNT %W s nP s &EP WG wBTrall
COMMON woHdT2/INTIP ) v FusnFTP,UNPAX,FUELD
COMMIN/ASHTI/ NCC /v {F v, WSAS, WFE

CO=ON/AING/OLNFCA AR, SLMIELCRCLAsCRBARW,SW,CLAGP

COMMIN/AIDRZ/DLACL R, ARRM,SLIH,BHTACEARHT,,SAT L, CLAKP,CRCLHT
COAMDNTYERT/ ZLMCLV ARV ,SLEN A AVT ,C3ARVT ,SVT,CLAVP,CRILVT
C')’*"D?/ACCC\'/af\xlu".r'«'Sl.:’SISf\BfXPILCT
COMNMON/NAEC/ X IAC,ELN
COMMDM/PRPLSZ/BENG (e, OBARNSLENG,3FUEL
CORMONI&GING2/CRINT L, TTIPwsEYEW,TLR,TCT
CONMNON/SHAPE S/ YCGAVLE,YCOHORLZLGVER,FCGLS,2ICGWANG,2X] S,

C,ZLTIP
COMFINIFUS/SLFADFUS/HC 4 CoLlit s, ELTH,HH,SO0LR21,LVLIY
COMMCN/SHAPEL/ELYI MG,ELCGH,ELCGVARELPS,RELR

COSMAON/FUS3/AFSA,SESRAT,SF

IFCFUSLD.EC.T) FUELu=H,.537
206HIR=D.D
CTHT=SLiEA«CRCLHT
CTYT=SLMV«LRCL VT
YCSTIP=U/2
IFCWET JEQ.C) 3T=2WA+LlC+WlFw+WSAS+IFE
IF(S2H,22.,1) 2CGHA%R= =3VT

IF(YCSANG. ZR.7,) YOG, 1825
I8(YLOHOR.EW.CIYCGROR=D,2%EHT
JIF(ZCOVERLEG .OYZICSVER=D (62 VT
IF(RELR.EF.CIRELD=D,. 22

X1=YCOw UG/ (3%, 1647 «(CRLLA+2.«CTIPW)Y/

E(CRACLUWHTTIPIY))

K1=(X1=2,585)%#+1 2435+1.245440, 54
K2=0,25-2.91% *(ADS\J.S*:LF RELR=ZLFI/(D.5+ELF))
K3I="_ 07+0,1&0% (HC+12)+=x0, 5+ wk/ Wi T
Ké&=1, 97*YCGH"R/("HT‘-.'66?*(CRCLHT+2*CTHI)

R/(CRCLHT+CTHT)I=-1.055

=2,362+«2CGVER/(BVT =T . 3333« (CRCLVT+2+CTVT)

3/(CRCLVT+CTVT)I-1,134

MHT=JdHT/32,17¢4

MLG=WLG/32,.174

MVT=aVT/732.174

Ma=wa/ 32,174

FP=dP/ 32,174

FEP=WEP/32.174

WPLMAX=20N,

MPLMAX SWPLMAY /22,174
MFasaFW/32,174
MFTP=w FTP/ 22,174

(7
>
[
[X4)

Figure 10.14: Listing of subroutine 'INERTA"

10.35




59

NN
(A Y — ()

™~ .
w o~

3

LIRS

[ T A es BRVE

NN N NN N NN e

~N U s e

3~
[

Yy -
) N T

-~

[a S ANNEANE o BN LIS &
DN o

0 O N0
ny — )

2

i

G0
LWL o

e 2RV IV IRV )
Ve S -BE NI &

100
iC1
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TIPEATIP/IZ 1T
3T=LRT/R2.00 7
RLACAH=DLACL =% 01745
RLICLV LML Y 21745
RLMCA= DL ACL* [ 3T7L5

»
s

T

L

a0
SUPLE=ATAN(S IN(RLICAY JCOSURLMCAI+ (T /AR »((T1.=5LmMY /(T vSLMAYSL E
SWPLEVEATANCSIN(RLMELVYI/ZCOSCRLMCOVIH (T L /ARVY *((T1.=SLMV) /(1 =2

&)

SWPLEHZATANCIINC(RLIMCLAH) /COSCRLACLR) + (1, /ARH) *((1.=SLMH) /(1,27

)
CONST2=8*(SIN(SWPLEY/CCSESWPLE))® .S
CONST3=CTIP.+C0"S1¢
CON=N_ 703
M=Muy
(HECK= =1
SO IFCCONSTI.LE.CONSTZ)ICO TO 4O
IFCCONSTTLLE.CONST 20060 T9 7C
(e=CcensTtr
IFCCONST2.LE .COMST2)GO TO &0
CA=CONST3
(B=CONST2
60 T 1292
40 CA = CQONST?2
(8=CCNST3
GC 10 129
70 (2 = CCONST?
(B=CO: 3T
CC=CUNST3
69 15 12n
G0  IF(CHANSTI LT, CONSTZ2)GO TO 100
CA=CONST3
C(8=CINST1
CC=CONST2
GO 1O 129
100 CA=CONST?
IFCCONST2.LT .CONST2)G60 TO 11C
(E=COMNST3
(C=CON3T2
60 TO 127
110 (28=COMNST?2
CC=CONST3
120 (ONTINUE
RHO=1/ (2,5 (~CA+C2+(C))

ICY=CON* (RHG N P23 3+ (~CA+*#3+(3**+3+ C**2* (3+CC*C3+x2

-

L
§
E

e PN OErm O PrM Cra

ey

SH+CC*23)=((RHO*D.16E7* (=CA#%x2+4CB*+2+CC*(R+CC*x%2))*x2/N))

IF(CHECKD125.,132,14C
125 wiNGIOY=10Y

WNGIOX=MwrE «x 2%V 1 * 0417 * ((CRCLWH3 . *CTIPW)/ (CRCLW+CT IFPW))

WNGIOZ=wWHNGIOY+WNSICX
CONNSTT=CRCLHT

CONST2=BHT* (SIN(SWPLEH)/COS(SWOPLEH)Y)I*D .S

CONSTI=CTHT+CON 2
CHECK=1

Fiqura 10,14: continued
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Ll B T R S S S S |
(U ARV BNV RV, SV, IRV, IRV, ]
(G ~d aon N8N

)

G~y g

130§ 4
VT A Tk 2e klwl CLT1T e ( (CROLHT434CTHT) /
HOZI0Z =HORIC ¥+ HORT (Y

CCNSTT=CRELYT

PLEV)Y/COS(SAPLEV))I*D .S

CONST2=2VT2a(IN(SWP
CONST3= CTJT+roﬁsTZ
Ch (K=

=NV T
GO TO SO

140 VERIOZ=10Y
VERIOX=¥VTAbB uT*« 2%k 540,05
TCCCRCLVT+CTUT ) w23
VERIOCY=SVERIO"+VER]ICZ
FU;I“Y-AQT'S'*N7*P 0255 *(3*”’/(7w:LF)+cLF/HC)
FUSTIOX ="B3T*KI*C 254 ((SF/ (3, 142«ELF))**2)
ENGIOY =D . 081 +(D,. 75 +%iiOCxDLEARNS* 2+ dEPRLENGH w2+
(MP—WEP)*ELN++2)
ENGIOX=D.282 +9MPeDIARN® &
ANGIYSUNGICY 4w * (ELI{G-ELWING) «%?2
uNGIX=wnGICX+HG*YCGh\G**2+?TI°*YCbTIP**2
WHOIZ=AWY(C . NCe«Z+WNCIC2+-TIP« oTIP#x2
HOR 1YY= H”QICY*'HT'('LCuH"LCu)'*Z
HORIX=HORICX PHT+Y CS5HOR <2
HORTZ=HIRICZ +XHT*(ELLGH=ELCGB) v 2
VERIY=VERICY+HVT v (ELCOV-ELCG) ++2
VERIX=VERICX +MVYT +2 (OVER«+«2
VERIZ=VERICI+MVT ®«(ELLGV=ELCH) # =2
FUSIY=FUSICY+(ELF*+RELR-ZLCG)* #2447
FUSIX=FyUSICX
FUSIZ=FYysSIY
G=A°Ix-“LG*C'LG~*2
GEARIY=GEART X
GzAR]IZ = "ARI\
IXZWs(ELIING=ZLL0) #+2C0WNG*M w
IXZH=(ELISH=ZLCG)* 2ZCGHOR*MKT
IXZYV=CELLGV-ZLLG)* (~ ZCGvﬁR)*AVT
IXZ=IXZW+IXZui4IXZV
YCGENG=3ENGCZ«B
ENGIYSENGICY MNP (ELF*RELP-ELLG) %22
ENGIX=CilI0V+MP*(RENGOI* 3= ,S) %22
ENGIZ=ENGICY+MF*(YCuEhG**2+(ELF*RELP-ELCG)**Z)
INERTX=UNGIX tFUSIX+HCRIX¢VERIX+ENGIX+GCEAR] X
INERTY=%NGIY+FUSIY+HCRIY+VERIY+ENGIY+GEARIY
INERTZ =UNSIZ +FUSIZ+HORIZ+VERIZ+ENGIZ+GEAR]IZ
WEIGHT = (MIIMETH+MVUT + VLT +MP+VTIP+MLG) #32,.174
IF (WwFTP EQ.T..AND (WFW,.EQ.D,) GOTO 275
AEICHT SWEIGH T THUWF TP +LFWH+LU WPAX®(PAX+ 1)
TIPIDY=Q.2*(%FTP+%TIP)*((AXIS/Z)**2+(BXIS/2)**2)
R1=wl/8 e .

26+ (1+(2+CRCLVT*CTVT)

[<]

»"J

Figure 10.14: continued
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Cl-iO'-’.x1=(CRCL~'—CTIPL~)*(‘1—%“1)+CTIP~' L%
CHO-AN 22 (CRCLW=CTILFuw)* (5.~ FUCLI)+CTIrPw

212 ((TCR=-TCT * (1= 4)+TLT)*CHGRD1 r
12=((TCR=TCT)*« (=2 FUEL)+TCTI*CHCRD? L}

RHO=FUELD=*(C.2223
RE(BFUEL*Z=-,()/2 X
CFRUEL=C(AFY/RHC)I/ (CHCRDTI * DG LO*RHOXZ1*R+CHORI D1 %5, «22 =K
S+CHORD 2+, L+ HO*Z2*R+CHORDZ *L, 1«RHO*Z1+R)
Y1=CFUSL*CHO®D
Y2=CFUEZL*CRO=~D?2
NEIOX= (D, DEELeRAD* ZI*xY T+ 1 *RHO*Z 1Y 240, 1«RHD*22-Y 1+
SO U"RHI*22+Y 2)wRea
WFIY=S(CELANING-ELCG) »a2+%Fy
WFIXSWFIOX+MFu*(wC/2)*x2
MPASSTUNPAX/ 22,174
IXXP=(JAS/2L+WS/ 24 )*»*x2x (PAX 41 ) * APASS+UWP AX* 0542 (PA
IRIW=(PAX+1) /SAS
IFCCIROWHSAB I (LT L(FAN+1))IROW=]ROW+1
IROW2= IRIW + 1
DC 250 I=1,1>0W2
IFCCCI=1)*SAE) GT.(PAX+1))SAR=SAB-(IRCA*SAL) +P A1
IYYP=]YYOH(ELLG-XPILOT=((I=1)xPS/12))+«*2*xSAZ*4FP233
2570  COmTINUE
IXXA=INERTU+WFIX+(MFTOP) 2 YCGT IPx«2+]XXP
TY Y= INERT Y+ WFIY+TIPIOY+(MFTP)« (ELTIP-ELCG)**2+417YYP
1ZZA=IMERTZHUFIX+(NFTPI~Y(STIP*«2+1YYP
275 CONTIMUE

>
+
—

I KN BB LD

Eraky

RETUR™N
END
=
¥
Figure 10.14: concluded. 2
-
;
r
10.38 R




Cives: B e

)

L12Y

- - =
.
Zt el
..... - -
P [P i
-
I
-
1-1°

Figure 10,14:

1

10.5 REFERENCES

10.1 Marsh, D.

R A St

-\ - - -
' R -
L . - -
1 ! - = - -t <
- - - Tl el
LRI - <4 -
Fal ' h t e . L'_
.~ - -
L IR -
‘.- .. . -
LI B - = e

Sample printout for subroutine '"INERTA"

Mass Moment of Inertia Estimation
Methods, Manned Aircraft,

SAWE Technical Paper # 313, 1962

.
10.39
e Tt -_~.-«-—--::~'--f~:7:-.'—'5_§:; - W"-"" — - ..., L ey T TS




CT gy

P




g 0 K2 &3 I D

(74 ]

4

Ty

Ty

wWR N . S0 OO O G KE

11.1 VARIATION OF DRAG COEFFICIENT WITY ANGLE OF ATTACK, C

Dﬁ

-

11.1.1 INTRODUCTION

This derivative is of importance only for slow speed flight. The

computation is according to the method as described in Reference 11.1.1.

11.1.2 DERIVATION OF EQUATIONS
This derivative may be estimated, using the parabolic approximation

of the drag polar:

c.=C, + — (11.1.1)

By differentiation, the derivative C may be found:

Dg

aCDo ZCLCLa
CDu s + TR o (11.1.2)

The first term in the right hand of the equation is often very small-and

is also difficult to calculate. Therefore, it will be disregarded.

The lift curve slope, CL » may be computed according to Section 11.2.
[
If the Airplane Efficiency Factor, e, is not explicitly given, it
may be approximated using Figure 11.1.1. Note that this Figure yields

wing efficiency and therefore is optimistic.

11.1.3 REFERENCES

11.1.1 Roském, J. Methods for Estimating Stability and Control Derivatives

for Conventional Subsonic Airplanes. PRoskam Aviation and Engineering

Corporation, Lawrence, KS. 1977.

11.1.1
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Figure 11.1.1:TMethod for estimating the Oswald eificiency factor
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11.2 LIFT-CURVE SLOPE

11.2.1 DERIVATION OF EQUATIONS

The lift-curve slope of a surface may be computed using the

Polhamus Formula (Reference 11.2.1):

c, - 2R (11.2.1)
a 2
/ 2 2 TAN?A, .-
2 +4/ & g (1 + 1/2¢y
K

82

This formula calculates the lift-curve slope of the surface without

body effects. Using a lifting #urface method (Ref. 11.2.2), calculatiors
were made for the lift-curve slope of a wing without body and tail,

as a function of aspect ratio and leading-edge sweep aﬁgle. These
results were compared with the results obtained with the Polhamus
formula. From this comparison an error-function was found. The

error thus found is added to the value for the lift-curve slopg

found with the Polhamus Formula to yield a corrected value for the
lift-curve slope. The derivation of the errorrfunction is given

in Appendix A. The error function is given by:

H = ]~ - Q. . o
R< 4: KPOL 1-(1.87- .42399 ALE) &/100 (11.2.2

R> 4: K, = 1-([8.2-2.30-A  }-[.22-.153-A - R)/100 (11.2.27

where: ALE in rad.

The corrected lift-curve slope is now given by:

= . )
¢ Kpor, * - (11,23
CORR

11.2.1
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'Sw /Sw is the ratio of the flap-affected wing aréa to
f the wing reference area. The flap afiected wirg
area is a Junction of flap span and does not in-
clude any incrcase in wing area due to {iap ex- .
tension. )
11.2.2 REFERENCES

11.2.1: Dr. Jan Roskam Methods for Estimating Stability and
Control Derivatives of Conventional
Subsonic Airplanes. Roskam Aviation
& Engineering Corporation, Lavrence,
¥S. 1977.

11.2.2: Dr. C.E. lLan Lifting Surface Computer Program,
University of ¥ansas, Aerospace Depart-
ment.

11.2.3: Yoak, D.E.; U.S.A.F. Stability and Control Datcom

Fllison, D.E.; -Flight Control Division, Wright Patterson
et al. Air Force Rase, Ohio 45433.

To convert sweep angles of one chord position to another, use is

made of the following formulas (Ref. 11.2.1):

- Sl -0

TANA  p = TANA ), = = (559 (11.2.4)
_ man 2 1=

TANA p = TANA_,, + = (359 (11.2.5)

For a ratio of wing span to fuselage diameter, b/d>2, the following

approximation may be made:

- Sy de -
CLa Kup O+ <t %y 2 (i- %= (11.2.6)
WBH Oy H
where: 2
- d d
Koy =1 - .25(b) + .025% (11.2.7)

The lift~curve slopes for wing and horizontal tail may be found
using Equations (11.2.1) through (11.2.5). The downwash ratio

de/do may be found using Section 11.3.

" The effect of flapdeflection on liftcurve slope may be found from:
C, ={(C,';-:/ S""i/g ngd + <z, (Ref. 11.2.3) (11.2.8)
24 w w

ne wny

where: c¢'/c is the ratio of wing chord with flap deflected
to wing chord with flap retracted.

11.2.2
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HE WING

11.3.1 JINTRODUCTION

The downwash behind the wing is frequently needed for the calcula-

[

tion of other variables. Therefore, it is useful to have a subroutine

%7

for its calculation.

A

11.3.2 DERIVATION OF EQUATIONS

Reference 11.3.1 Provides the formulas for this subroutine. The down~-

wash may be found from:

¥ “,
g%l = %‘ C it — (11.3.2)
M M0\ "L, : R
| ¥lye0

For the downwash gradient at low speeds, the following formula is

applicable:

40%
’ de = 4.44 (KAKAKH \JcosAcM)l'lg (11.3.2)

i .
A ‘=z .
-7 %/ .  where
. . bvad
A‘é' i / 1 ( £
: e K, = 1/R - Correction factor (11.3.3)
l W A 1+ 8% for aspect ratio)
K;\ = 10_;31 (Correction factor (11.3.%)
for taper ratio)
: -3
i A\ KH s — (Correction factor (11.3.3)
. 3 22H / for geometry)

7|

The parameters Q‘H and hH are defined in Figure 33,3.1.




11.3.3

11.3.1
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- ! 1y
c/b — b ‘ c,. /b —am L_
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—— . f !
! “! \\h-Roo: Chord Plane
- J

Figure 11.3.1: Geometric parameters for horizontal tail locgtion

REFERENCES

Roskam, J.

for Conventional Subsonic Airplanes.

Methods for Estimating Stability and Conttol Derivatives

Corporation, Lawrence, KS., 1977.
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11.4 VARIATION OF PITCHING MOMENT WITH ANGLE OF ATTACK, C,

g

AI
o

The computation of this derivative has been discussed in chapter 6,
Longitudinal Stability.

11.5 VARIATION OF DRAG COEFFICIENT WITH FORWARD SPEED, CD
U

This derivative is usually negligible in the subsonic Mach range and

is not computed in this program. When required, it may be computed from the-

drag-polars at higher Mach numbers according to Equation 11.5.1:

9C
Cc., =_D .
DU oM M (11.5.1}
Where: M is the Mach number in steady state flight, for

the condition considered.

aC

v is the slope of the curve of drag coefficient

versus Mach number at the Mach number considere:Z.

11.4.1
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11.6 CL , VARIATION OF LIFT COEFFICIENT WITH SPEED PERTURBATION
u

W

11.6.1 DERIVATION OF EQUATIONS

According to Reference 11.6.1, CL can be estimated from: _£3
u
: B
M -
c, = |——]|c (11.6.1) :
Lu [l-—MZ] L

where: M is the Mach number and CL is the lift coefficient.

11.6.2 REFERENCES

11.6.1 Roskam, J. Methods for Estimating Stability and Control Derivatives
gf Conventional Subsonic Airplanes. Roskam Aviation & Engineering

Corporation, Lawrence, KS., 1977.
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11.7 Cm ; VARIATION OF PITCHING MOMENT COEFFICIENT DUZ TO SPEZED
u

PERTIIDRATTNANIC n
Lo “

AVE Uizl &VA‘J, m
u
11.7.1 DERIVATION OF EQUATIOQNS

Reference 11.7.1, pp. 4.1, eq. 4.3 gives Cm as:
u

c =-c, —4 (11.7.1)

where: CL is the lift coefficient
i;cw is the non~-dimensional aerodynamic center of the wing
M is the Mach number

Because ai;é /oM is very hard,if not impossible to determine analyticallry,
W

reference 11.7.1 suggests plotting i;c v.s. M for Mach numbers adjacent to
W
the cruise Mach number and drawing a line through the points. The slope of

the line is agc‘]/arf..

Figure 3.9, page 3.12 in Reference 11.7.1 presents families of curves

for the parameters:
‘x" -
ac

= X! . is the wing a.c. location measured positive aft
CR ac .
along the root chord. QR is the root chord.
L is the wing taper ratio.
A tanALE A is the wing aspect ratio, ALE is the leading edge

sweep angle
tan AL
—LE ,=‘]_2
B B 1-M

tan A

11.7.1
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The pertinent wing geometry is given below in Figure 11.7.1:

.
M o ]

=3

R A ——

r
\.

Figure 11.7.1: Wing geometry

From Figure 11.7.1, it is possible to find iac in terms of X' , Y

ac mac
ALE’ and c:

-

- 1 -
X acw X ac Ymac tanALE
or:
X' - Y tanA
ac mac LE 2
N acw= z (11.7.2)

=3

The computation of x'ac is done with function "ACEM" and is described

in Chapter 6.
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11.7.2

11.7.1

REFERENCES

Roskam, J. Methods for Estimating Stability and Control Derivatives

for Conventional Subsonic Airplanes. Roskam Aviation & Engineering

Corporation, Lawrence, KS., 1977,
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11.8 CD » VARIATION OF DRAG COLTXfFICIENT WITH PITCH RATE
q

This derivative is usuzlly negligible in the subscnic Mach rznge, and

therefore is not computed by the program.

11.8.1
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11.9 CL , VARTATION OF LIFT COEFFICIENT WITH PITCH RATE
q .

11.9.1 DERIVATION OF EQUATIONS

Reference 11.9.1 presents the mettod used for calculating CL .

q

CL may be considered to be the sum of a wing and tail contribution
q

where the fuselage effect is usually small.

c, =¢C + C (11.9.2)

For the wing contribution:

A+ 2 cos Aeyg ) 1
L “\AB+ 2 cos A4 €L (rad ) (11.9.2
Y C Y|M=0
where:
2 .
(1, % -1 N
CL = 2 + E CLa (rad ) (11-9-4,
Y |M=0 W|M=0
A is the aspect ratio
B is the compressibility factor
iy w2 .2
= - 23
\1 M~ cos Ac/& (11.5.2)
Ac/& is the quarter chord sweep of the wing
Xw is the distance (positive rearward) from
the airplane center of gravity to the
aerodynamic center of the wing.
c is the wing mean geometric chord
CL is the lift-curve slope of the wing
o
1Y
M is the Mach number

11.9.1
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For the horizontal tail contribution:

c =2C n, Y (raa™1) (11.6.5)
Y “H|M
where:
CL is the lift-curve slope of the horizontal )
QHIM tail
nH is the ratio of dynamic pressure at the
horizontal tail to the free stream dynamic
pressure
VH is thevhorizontal tail volume coefficient
11.9.2 REFERENCES ) , ]
11.9.1: Roskam, J. Methods for Estiméting Stability and Control

Derivatives of Conventional Subsonic Aircplazes.
Roskam Aviation & Engineering Corporation,
Lawrence, KS. 1977
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11.10 Cm ,» VARIATION OF PITCHING MCMENT COEFFICIENT WITH PITCH PATE
q .

11.10.1 DERIVATION OF EQUATION

Reference 11.10.1 presents the method used for the calculation of the

Cm derivative.
q

Cm may be considered to be the sum of a wing and a tail contri-

q

"tution where the contribution of the fuselage are usually small.

C =¢C + C (11.10.1)

For the wing contribution:

3 2
AT tan Ac/A +‘§
AB + 6cosAc/4 B -1
Cm = 3 7 (rad ™) (11.10.2)
WIM c/d 3
A+ 6cosAc/4
where: 2
() -3 (8)]
Cm = -KCy COSAC/A) A + 2cosh +
qwl W cl/4
M=0
3 2
A"tan A
1 4 1 -1
(EZ)A + 6cos;/ +.§ (rad ) (11.10.3)
c/é

A is the aspect ratio
B is the compressibility correction factor

= ‘[i - MzcoszA (11.10.4)

c/4 . -

Ac/é is the quarter-chord sweep angle of the

wing
c is the mean geometric chord

S 112001



X is the distance from the aircraft center
of gravity to the wing aerodvnamic center
_(positive fearward)

Cz is the spanwise average value of wing
section lift-~curve slope

K is the correction constant for the wing

(Figure 11.10.1)

4 6 8
ASPECT RATIO ~ A

Figure 11.10.1: Correction constant K for wing contribu:i_on

For the horizontal tail contribution:

[ 908 |

- s RS
Cm = -2 CLg_ Yy - (rad ) (11.10.5) ] E
e qH H -3
where: . .
CL is the horizontal tail lift-curve slope Eg
“H
11.10.2




[3v~ )

arey |

@ tm oy 3 B D B O K KD

SrA

W

11.10.2

11.10.1

Ny is the ratio of dynamic pressure at the

horizontal tail to free stream dynamic

pressure
VH is the horizontal tail volume coefficient
XH is the distance from the aircraft center
' of gravity to the aerodynamic center of
the horizontal tail
c is the mean geometric chord of the wing
REFEREMCES

Roskam, J. Methods for Estimating Stability and Control Peri-
vatives of Conventional and Subsonic Airplanes. Lawrence, Ks.,
1977.
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1.11 CD. ) VARIATION OF DRAG COEFFICIENT WITH

i A¥GLE OF ATTACK RATE
o

wis derivative is usually negligible in the subsonic Mach number range

-~d hence is not calculated by the program.

11.11.1
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11.12 CL , VARTATION OF LIFT COEFFICIENT WITH ANGLE OF ATTACK RATE
a

11.12.1 DERIVATION OF EQUATIONS

Reference 11.12.1 suggests that the following relation be used to

estimate CL-:
a
C,. =C . +¢C (rad™t) (11.12.1)
L& L& L&
W H
where:
X
ac, -1
c = 1.5( ) C + 3 C. (g)] (rad ™) (11.12.2)
L& CR Lu L
W W
= (de -1 -
cL& 2 CLu ny Vu(§o) (rad™) (11.12.3)
H H
Recause the major contribution to CL- is the CL- component,
o a
H
it is suggested to use
= 2.2)
CL& (1.2) CLa (11.12.2)
H
or: .
c, =(2.6) ¢, ny V() (raa™h (11.12.3
L. L H "H\da
(<1 o
H
11.12.2 REFERENCES
11.12.1 Roskam, J. Methods for estimating stability and

control derivatives of conventiomal
subsonic airplanes.

Roskam Aviation & Engineering Corp-
oration, lawrence, Kansas , 1977.

11.12.1
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11.13 Em-’ VARIATION OF PITCHING MOMENT COEFFICIENT WITH ANGLE OF ATTACK R=TES
a

re

11.13.1 DERIVATION OF EQUATIONS

Reference 11.13.1 gives Cm. as:

C =2¢C +C (rad’l) (11.13.1) .

2
3
)

Except for triangular wings, no explicit methods are available to estizate

C . . Because Cm- is small, it will not be used.

m
o
w W
-1
C = C (rad ) (11.13.2)
m* m:
@ H
where:
L HH a
%n Oy
so: c = =-2C v £2(95> (rad-l) (11.13.3)
) me L "H'H T \da T

11.13.2 REFERENCES

11.13.1: Roskam, J. Methods for Estimating Stability and Control
Derivatives for Conventional Subsonic Airplznes.
Roskam Aviation & Engineering Corporation.
—- Lawrence, KS. 31977
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11.14 VARIATION OF SIDE FORCE COEFFICIENT WITH SIDESLIP ANGLE, CY

B
11.14.1 DERIVATION OF EQUATIOX
This derivative can be estimated from:
C =C + C + C + C (11.14.%;

, is only significant in the case
1Y)

The contribution of the wing, CY
8

where nonzero dihedral angles are considered. For modest values of

wing sweep angle (up to 30 deg), the contribution due to wing sweep is
negligible (according to Reference 11.14.1). PReference 11.14.2 suggests
the following formula.for the calculation of the wing effect.

c, ==-.0001 |r| 57.3 (rad™") ' (11.14.7:

BW
where: T is the geometric dihedral angle of the
wing (in deg)

The fuselage contribution, C , may be estimated from:

Y
Es
So -1
C = -2 K.\ =+ (rad ™) (11.14.3)
YB i\ S
B
where Ki is a wing-body interference factor, a

function of wing position (high-low),
maximum body height at wing body inter-
section, d. This parameter may be ob-

tained from Figure 11.14.1.

S is the cross-sectional area of the

fuselage at the point Xo where the flow

11.14.1
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ceases to be potential. The distance XO is

a function of X the distance from the nose

l,
where dSX/dX first reaches’ its maximum negative

value. Xl is usually quickly obtained by in-

spection when the equivalent fuselage is modeled
using straight lines. For cases that are doubt-
ful, the fuselage cross-sectional area distributien
should be plotted. XO may be calculated according

to Reference 11.14.2 as

X
Y. =19 |.378 + .527 [ - (11.14.4)
0 B '3
b
where 9.b is the fuselage length.
X X X
NOTE: -2—]1 = 1—0 when -9:& = ,799
b b b
. ALL SPEEDS
2.0 T T T T T I T T T T T T T T

i H

T T T
z, = distance from
positive for the quarter-chord point below the vody centerline

~ d = maximum body height at winrz-bodv 'u[uers ection 1
! [ D | ]

. i |
budy centerline to quarter-choru point of exposed wing root chord,

i i i [
1.8 Reproduced from Reference 1
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Figure 11.14.1: Wing-body interference factor for wing-body

sideslip derivative Cy
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The contribution for the vertical tail (CY ), in the case of
By
the vertical tail in the plane of symmetry, may be obtained from

reference (11.14.1):

S

_ doy . v -1

Cy =k (1 +d8) ny 5 (rad ) (11.14.5)
BV

where: k is an empirical factor that takes the

body influence into account, defined

in Figure 11.14.2.

. (l +-§%) nv takes the sidewash at the vertical tail

into account. This term may be obtained

from (Ref. 11.14.1):

S../S Z
do ( v ) W

- ——————e — .
(l +‘EE nV 724 + 3.06 1 .COSAC/a + .4 3 + .009 &R (11.14.6)

where S, Ac/&’ Zw, and & are wing variables. Zw is measured
vertically from tte airplane CG to the wing, positive downward. SV is

area of the vertical tail to include the area enclosed within the fuse—

lage to the fuselage centerline.

Reproduced from Reference 1

>

[ L4

1 2 3 4 S [
*
bv/2ri .

Figure 11..14.2: Empirical factor for estimating sideslip

- -

derivative for singlz vertical tails

*
Note: Defined in Figure 11.14.3.

11.14.3
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Ry (up)

Ry ()

e YR T

£33

is the vertical tail lift-curve slope. ?}
This variable may be obtained from the “
Polhamus equation (see Chapter 11.2), E
using the effective aspect ratio AR,

EFF E

instead of ARV. This effective aspect ratio

may be obtained from: .

By ", [1 K ( i {C:1)) 1)] (11.14.7)

&, (B)

2 =
= bV /SV (11.14.8)

is the ratio of the aspect-ratio of the

to that of the isolated panel; may be

found from Figure 11.14.3.

vertical panel in the presence of a body !
is the ratio of the vertical tail aspect 3
ratio in the preserce of the horizontal }
tail plus body to that of the tail in the

presence of the body alone. This ratio

is given in Figure 11.14.4.

is a factor that takes the relative sizes
of the horizontal and the-vertical tail S

into account; given in Figure 11.14.5. N oy
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Rerroduced f{rom Reference 1
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== VERTICAL TAlIL SPAN MEASURED FROM FUSELAGE
CENTERLINE

= FUSELACE DIPTH IN REGION OF VERTICAL TAIL*

= VERTICAL TAIL TAPER RATIO BASED ON SURFACE
MEASURED FROM FUSLLAGE CENTEZRLINE

= RATIO OF THE ASPECT RATIO OF THE VERTICAL
PANEL IN THE CF. OF THFE. BODY TO THAT

OF THL ISOLATED

I

e
o
-~

H 2 -3
be/2v,

Figure 11.14.3: Effect of body interference on aspect ratio,
used for estimating sideslip derivative for

single vertical tails

T ]

Reproduced from Reference 1 !

a/er i ! : I
: ; :

Fe

T T

! Puny L RATIO OF THE VERTICSL PANTL
Avs)  ASPECT RATIO IN THE PRESENCE OF

THE HORIZONTAL TAIL AND RODY
TO THAT OF THE PANEL IN THE
- PRESENCE OF THE BODY ALONE

x/ev = PARAMETER ACCOUNTING FOR
RELATIVE PPOSITIONS OF TIE
HORIZONTAL AND VERTICAL TAILS

R

T T
Y 2 -4 -6

: -8 1.0
/by

-Figure 11.14,.4: Effect of horizontal tail interference on
aspect ratio, used for estimating the side-
slip derivative for single vertical tails

*

Note: - Use the position of the vertical tail quarter chord line.
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Reproduced frcm Reference 1 " ‘
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. 1 1
| ! i ; { | |
‘ Y. = FACTOR ACCOUNTING FOR RELITIVE
| 5 OF HORLIONTAL AND VERTICAL
: TAILS

// Sg = HORIZONTAL TAIL AREA

K=« §. = VFRTICAL TAIL AREA MEASURED
/ FROM FUSELAGE CENTERLINE

¢ / be = YERTICAL TAIL SPAN. MEASURED
b / FROM FUSELAGE CENTERLINE

[ 2a = VERTICAL DISTANCE RETWEEN
HORZONTAL SURF ROOT CHORD

AND FUSZLAGE CENTERLINE. POSITIVE
FOR SURFACEZ BELOW FLZELAGE
CENTERLINE

T

[} . 3 12 16 2.0

Su/Se

Figure 11.14.5: Factor accouting for relative size of hori~

zontal and vertical tail

The contribution of the propeller, CY , may be obtained in a
BP
similar way as in Chapter 5 for the normal force of the propeller

angle of attack, ap. Reference is made to this chapter for the

derivation of the propeller normal force coefficient. The propeller
angle of sideslip, Bp, is assumed to be equal to the sideslip angle 8.
For tractor propellers this seems to be reasonable. For pusher
propellers, however, the exact angle of attack in the X-Y plamne

is not easy to estimate. It is conservative to assume that CY

B
P
is zero in this case.

Curve fitting routines produced the following relationships for

certain figures as noted:

For the correction factor for wing body interference (Figure

11.14.1):
R
Ki =1 - .85 ?/_2' for 72 <0 (11.14.9 )
() e ‘
or Ki =1 <+ .495 E/—é‘ for m >0 (11.14.10)

11.14.6
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For the influence of body interference on aspect ratio

*
(Figure 11.14.3):

. 2
b b
R _ .712 + .9031 (—V—) - .2371 (——V-> (11.14.11)
ARV 2r. 2r,
i i
b
\'
for F < 3
i
or
Ryy by by
= 2.0491 - 3446 ({— | + .0287 | =— (11.14.12)
A\, 2r, 2r
i i
For the empirical factor of Figure 11.14.2:
k= ,76 for bv/2ri < 2 (11.14.13)
b
K= .76 + (—V-z ).16
2ri
for 2 < bV/Zri < 3.5 (11.14.14)
k= 1. for bv/2ri > 3.5 (11.14.15)

For the horizontal tail interference factor (Figure 11.14.4):

&, z 7. ¥
—_V(HB) _ 11 0429 + .6085 ;}1 + .azss(b—ﬁ-)
‘RV(B) v '
X Zy
+ (c— - .5) (.73) (1 + -5—) (11.14.16)
v v
z
for T,E.). -.5
v
or
2
Ry (up) Zy Zy
— ) = 12,4029 +5.4036 oo + 4.6786 ( o=
Ry (8) v v
X Zy
+ (;— - .5) (-73) (1. +-b—) (11.14.17)
v v
by

HE I3 1 33 N0 N U E@E s Me mn Kl B NS B RO BN G K

*
Note: An average value of xv = .8 was used.

11.14.7
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For the effect of relative size of vertical and horizontal

tail:

11.14.2

11.14.1

11.14.2

S 5.\
K, = 0385 + 1.2244 EH—"‘-"- - .3488 S—HT- (11.14.18;
VT VT .

REFERENCES

Roskam, J.

Hoak, D.E. &
Ellison, D.E.

Methods for Estimating Stability and Control
Characteristics of Conventional Subsonic
Airplanes, Roskam Aviation & Engineering
Corporation, Lawrence, Ks., 1977.
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Control Division; Air Force Flight Dynamics

Laboratory, Wright Patterson Air Force Base,
Ohio, 45433.
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11.15 Cz » VARTATION OF ROLLING MOMENT COEFFICIENT WITH SIDESLI? ANGLT
B

11.15.1 DERIVATION OF EQUATIONS

Reference 11.15.1 presents the method used for calculating C
' B

C2 may be estimated from three contributions: the wing, the horizon:zzl
8

tail, and the vertical tail.

C, =¢C +C + C (11.15.2

The wing body contribution is found from:

3

C"B C‘e
= — z e -t
c‘e 57.3 cLWB & Ry Ke +| =
WB A L/a
c/2
c ac,
KMr + 8 + (A Cp ) +
AR
©tan A i\ tan 1. tan A } (rad %) (11.15.2)

where:
CLwB= CL is the steady state lift coefficient.
C

:

is the wing sweep contribution obtained

Ac/2 from Figure 11.15.1.
KMA is the compressibility (Mach number)
correction to sweep obtained from Figure
11.15.2
KF is a fuselage correction factor which may be

obtained from Figure 11.15.3. An independent

11.15.1
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Figure 11.15.1: Wing Sweep Contribution to C,
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Figure 11.15.3: Fuselage Correction Factor
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TTE is the aspect ratio contribution obtained
L
% from Figure 11.15.4.
T is the wing dihedral angle, positive up
Cls
T is the wing dihedral effect obtained from
Figure 11.15.5.
KM is the compressibility correction to
T
dihedral obtained from Figure 11.15.6.
1.\C5LB
T is the body-induced effect on the wing
height and is given by:
AC28 . 9 i
—— = -.005 E(E) (deg ) (11.15.3)
where: b is the wing span, and
d is given by:
d [averqge fuselage cross sectional area (11.15.4)
.7854
(ACl > is another body induced effect on the wing
8 YA
height given by:
ac .- 127 (i‘1>3‘1 (deg™? (11.15.5)
- 57.3 \b /b dee ) -15.
where: Zw is the vertical distance from the wing
root quarter chord point to the fuselage
centerline,_pos{tive downward.
d is the same as in equation (11.15.4)

11.15.4
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e

study by the author shows KF = 1 is a more
accurate assumption. (KF = 1 is reflected

in the program.)

ac

L
B is a wing twist correction factor obtained
otanA
cl/4
from Figure 11.15.7.
e is the wing twist between root and tip

sections, negative for washout.

The contribution of the horizontal tail, C£ , can be approxi-

B8
mated by: H
S, b
H "H - s
C’LB C’LB S b (11.15.%)
H HB
where:
C2 is found from Equation (11.15.2), treating
8 ,
. HB the fuselage-horizontal tail the same way
(and using C = the CL of the horizontal
LWB H
tail). .
The contribution of the vertical tail, Cl , can be estimated
BV
from:
(Z.,cosa - % sina) _
C =C Zv Y rad 1 (11.15.7)
LB yB b
v \'s
where:

ZV and 2v are defined in Figure 11.19.2a, and

Cy is calculated from the methods oi Section
8
v 11.14.

11.15.7
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11.16 VARIATION OF YAWING MOMENT COEFFICIENT WITH SIDESLIP ANGLE Cn
: 8

11.16.1 DERIVATION OF EGUATIONS

Reference 11.16.1 provides the following method for the calculation
of this variable.

For a tail-aft configuration this derivative may be broken
up in the following contributions:

cC =¢ +C + C + C (11.16.1)

Usually, the wing contribution Cn is small, except at high
BW
angles of attack. In that case it may be calculated using a formula

from Reference 11.16.2,

Wing yawing moment derivative at low speeds:

EN X == ma 2 = oa

C
. n »

By =[ 1 tanAc/& (cosA R =2 +eX smAcM)] (rad-l\

4 A 2 - /
CL2 47 R u:‘R(lR-i-LcosAcM) c/4 8cosAc/4 P R
M=0
(11.15.2)
where: X is the longitudinal distance from the

center of gravity to the wing aerodynamic
center, positive feafward.
At high sweep angles the above formula is no longer correct.
In that case, the Prandtl-Glauert Rule may be applied to yield a
correction for the first order three~dimensional effects of compres-

sibility. The resulting expression is:

11.16.1
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Cn R+ 4eosh A{sz + 48K B cosh - 8coszA Cn

Bl _ clb . e/ c/b 8 (11.16.3)
- 2 2 T . .
c 2 RB-I-&cosn‘C/a” R+ 48 cosAqyq4 . = 8cosAC/4 c 2
L \ . L
M =0
where:
B =41 - nlcos?h (11.16.4)
c/4

The body contribution, Cn , including the interference effect
B
B

of the wing on the Body, may be found using:

)
= S\ B -1
an = -57.3[131 KR£< S > b:l(rad ) (11.16.5)

where: Ky is an empirical factor for bedy and body

and wing effect, found from' Figure 11.16.2.

KR is a Reynolds Number correction factor

0)

for the fuselage, found from Figure 11.16.

S is the projected side area of the body (only).

L is the length of the body.

' T
4——-13/1-—-01

31,/

B o

Figure 11.16.1: Definition of geometric parameters.
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Figure 11.16.2:

Empirical Factor for Wing + Wing-3ody
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Figure 11.16.3:

Effect of Fuselage Reynolds Number on Wing-

Body Combinations
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The vertical tail contribution, Cn , may be obtained from:
g

\Y
2 éosa + Z.,sing _
C  =-C v v (rad™h) (11.16.6)
nS YS b
\Y \Y
where:
lv and ZV are defined in Figure 11.16.1.

The side-force derivative CY may be
B
v

obtained from Section 11.14.

The power term, Cn , 1s obtained per Equation 5.56 for propellers

’p

or Equation 5.68 for jets.

Curve fitting methods vield the following approximations for

" Figures 11.16.2 and 11.16.3:

He H, 2
Ky = -1.01474—4.4649<ﬁ—)-3.3626(ﬁ—) +
c c

He c) |x
+ 1.0794<ﬁ—) "'1217(W"> L (.001) - .0005 (11.16.7)

c ¢/ | ™M

where:

Hy B
M = 3.6497-3.5796 | - .39(§->+
2 2

" 3/2 2

1 H
+ 2.0149(§—> - .6946(§—) (11.16.8)
2 2
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X
Y= 3.00429 (5% - .2) + X, (11.16.9)

b
- zbz zbz 2
_ Xl = 3.4 - .7030325 (—S—— - 2.5) + .0539969 (-S—— - 2.5)
BS BS

2’ 3

E - .0014243 (~é— - 2.5) (11.16.10)
: )
KKL = -1.830754 + .20494 + Ln (Rz) (11.16.11)
where: R!. is the Reynolds number of the

p V&
b
fuselage <= " >

11.16.2 REFERENCES

11.16.1 Roskam, J. Methods for Estimating Stability and
Control Derivatives of Conventional
Subsonic Airplanes, Roskam Aviation

& Engineering Corporation, Lawrence,
KS, 1977.

11,.16.2 Hoak, D.E. & USAF Stability and Control Datcom; Air
Ellison, D.E. Force Flight Dynamics Laboratory, Wright

l Patterson Air Force Base, Ohio, 45433.
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11.17 Ey , VARIATION OF SIDE FORCE DUE TO ROLL RATE PERTURBATIOXNS

P

11.17.1 DERIVATION QF EQUATIONS

Reference 11.7.1, page 8.1 gives Cy as:

p
Z cosa - £ sina -1

cC =c¢C = 2— c (rad ), (11.17.1)
y y YB

P P, v
Cy is obtained from the Cy subroutine, section 11.14.

B 8

v

11.17.2 REFERENCES

11.17.1

Roskam, J.

Methods for Estimating Stability and Control
Derivatives for Conventional Subsonic Air-
planes, Roskam Aviation ‘& Engineering Cor:.
Lawrence, KS, 1977.
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11.18.1 DERIVATION OF EQUATIONS

According to Reference 11.8.1, Cl can be estimated as

P
follows:
: Cl?, = C!, + C!. + Cl (11.18.2)
P pWB PH PV
and: L Cz
= = _'_L. 5 -
Cz C!, ( X >13 (11.18.2)
Pus Py
where:

BC
<—TB> is the roll damping parameter

2
ol ]
K = -Ti‘ig— (11.18.22)

A= \‘ 1 - (11.18.75)

AC
<_TR is found from Figure 8.1 of Reference 11.18.1. This figure
is reproduced here as Figure 11.18.1, and its use is explained in

Section 11.18.2.-

SH bH 2
c, =1/2 (CZ, ) ?(?) (11.18.3
Py Py
where: £ CL
(c ) = (—-—2)5 (11.18.32)
L K 5B
Py
AC,
—Tp-> is found from Figure 11.18.1 using the horizontal

tail geometry.

11.18.1
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N)
.

ZV)
c =2<T c, (11.18.%)

<
.23

where: Z is the vertical distance from the body

-
.

EC

X-axis to the vertical tail aerodynamic

L]

,
y,

center, as shown in Figure 11.18.2.

{ 1V
-
: z
Body X-axis N

) T [

F
2
- J

Figure 11.18,2: Geometry for determining distance

vertical tail A.C. to body X-axis

11.18.2 DESCRIPTION OF THE METHODOLOGY

The Cl methodology is straight forward and involves the inter-
P

polation of Figure 11.18.1.
The limitations of the subroutine are as follows:
1) .25 <4 <1.0

2) 0% <A, 707

-1
where: A8 = tan (tanAc/Q/B)

g =V1 -

t

Y N o O O R N 2 o ew

3 1.5<8 <10

where:
B =\}1 - o C, -

A = Aspect Ratio  m s RBVE-— . -

a

v |

11.18.4

e = T rr Ay BT e e - .
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4) Any limitations in the CY subroutine also apply because
8

Lo

the Cz subroutine obtains CY from the former.

P By

5) M<1.0

11.18.3 REFERENCES

11.18.1 Roskam, J. Methods for Estimating Stability and Control Derivatives
of Conventional Subsonic Airplanes. Printed by the author.
519 Boulder, Lawrence, Ks., 1971.
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1i.19 EDP; VARIATION OF YAWING MOMENT COEFFICIENT WITH ROLL RATE -

PERTURBATION {
11.19.1 DERIVATION OF EQUATIONS

Cnp is estimated in the conventional manner, as the sum of the wing ) E

contribution and the vertical tail contribution: E

= +
ap = Cny, * Cnp, (11.19.2)
- The following equations used to determine Cnp and Cnp are equations
w v
(8.7) through (8.11), pages 8.2 to 8.3 from reference 11.13.1

The wing contribution can be expressed as:
Cn

L
m=0

(11.19.3)

11.19.1

- oy ]
Ch Cgpw Tan a [ C2p Tan a L _ o CL ] + (11.19.2)
Py gL .19.2
AC ACn E
+ P g 4+ —P a8
’ .
where:
C2 is the wing contribution to Cz i
P, P !
o is the wing angle of attack (aw = 0 A/C)
c is the wing lift coefficient (C =C ) l
L LW Lasc
. |
QTB) is the slope of the yawing moment due to rolling at zero
L CL =0
n lift given by: l
Cn A+ 4 cos A AB+ %(AB+ cos A )tanz A Cn )
p > /4 : > lera? 20 %y p l
(C )C = 0— [AB+ ACOSA/A A+ (A + cos A )tanzA ](CL) ‘
L% c > /4 c/b c. =0 . ]

,,,,,




m =3 s 3y

2 2

where: R = 1 - m“cocs”A
WAL o - ¢ - d— m c/4

Cn

q;lb " is the slope of the low-speed yawing moment due to

L |C, =
; =0 rolling at zero 1lift given by:
: = tan A tanzA

Cn A+ 6(A+cosh,)E c/4 + C/“)
(—2) - __l{ c/é’ ¢ A 12 ] (11.13.%)
CL CL':O 6 A+4cosl\.c/4

m=0
where: x is the distance from the center of gravity to the aerodynazic

center of the wing,positive when the a.c. is aft of the c.g.

¢ is the wing mean aerodynamic chord.
Referring to eq. 11.19.2 again:

where: AC
n

—3—2 is the effect of linear wing twist obtained from Figure 11.1%9.1

© is the wing twist in degrees, negative for washout

aAc
n
—;——Ei is the effect of symmetric flap deflection obtained from
$

F Figure 11.19.2

%, is the streamwise flap deflection in degrees.

uqr is the two-dimensional lift-effectiveness parameter, obtai-sl

from Figure 11.23.2 and reproduced here as Figure 11.19.3.

The vertical tail contribution to Cn can be estimated from:
P

2 Zvcosu -lvsinu
= - i o 10
Cn b[zvcosa + Zv51na][ 5 ]Cy (11.29.5)
Pv Bv

where: lv and Zv are defiﬁed in Figure 11.19.24.

11.19.2
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11.20 VARIATION OF SIDE FORCE COEFFICTENT WITH YAW RATE, Cy
T

11.20.1 DERIVATION OF EQUATIONS

Usually this derivative is of minor importance. It can be easily

calculated however,

and Reference 11.20.1 suggests the following formula:

2 . <
= & - - + . .

Cyr Sy, b (lvcosa Zv51na)Cy (11.20.3)

v By
where LV and ZV are defined in Figure 11.16.1

Cy is computed in section 11.14.
8
v

11.20.2 REFERENCES

1;.20.1 Roskam, J.

Methods for Estimating Stability and Control Deri-
vatives for Conventional Subsonic Airplanes. Roska=
Aviation & Engineering Corporatiom. Lawrence, Ks.
1977.
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11.21 SUBROUTINE "CLARE" (CLR). VARIATION OF ROLLINC MOMENT WITH TAW
RATE ~

11.21.1 DERIVATION OF EQUATIONS

Reference 11.21.1 indicates that C9~ may be estimated from:

r

cC, =¢C + C (11.21.1)

The variation of the wing yawing derivative with lift coefficient

is given by:

W CL=O F
M (11.21.2)
where:
Clr
< is the slope of the rolling moment due to
L/~ o
|CL—O yawing at zero lift given by:
M
’ 2 AB + 2caosA tanzl\
c 1+ A(lL - BY) c/4< c/&) c
(.ﬁ ) ZB(AB+2cosAC/4 ) AB+bcosh 8 ( L
C 2 o
L C. =0 A+2cosAc/4{tan Ac/& L C. =0
l L l+A+4cosA \ 8 L
M c/é M
(11.21.3)
where:
2 2
B= V1 - tcos Aess (11.21.4)
—_— Clr
o is the slope of the low-speed rolling moment
L lCL=O due to yawing at zero lift, obtained from
M=0 Figure 11.21.1 as a function of aspect

ratio, quarter chord sweep, and taper ratio.

£

A
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C is the wing 1ift coeificient

e

!
L s
1
Aclr !
T is the increment in Cg due to dihedral, i
r
given by:
8, | masma, _
T 12 A+cos A (rad ™) (11.21.5)
c/b
T is the geometric dihedral angle, here in

radians, positive for the wing tip above

the plane of the root chord.

AC2

@r is the increment due to wing twist obtained

from Figure 11.21.2.

© is the wing twist, negative for washout
Acgr
o F is the effect of symmetric flap deflection
§ F

F obtained from Figure 11.21.3.
8¢ is the streamwise flap deflection in degrees.
aa Sp is the two dimensional lift-effectiveness

F

parameter o, obtained from Section 11.23.

6

The vertical tail contribution is found from

-2 . .
Czr bz (lv cosa + ZV sin a)(Zv cos a - ZV sin a) CyB

v v

where:
lv and ZV are defined in Figure 11.16.1 and

Cy is determined in Section 11.14.
B
v

11.21.3
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11:21.2 REFERENCES
11.21.1 Roskam, J. Methods for Estimating Stability and Control Derivatiwes

of Conventional Subsonic Airplanes. Roskam Aviation 3
Engineering Corporation. Lawrence, KS.
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11.22 VARIATION OF YAWING MOMENT COEFFICIENT WITH YAW RATE, Cn

r

11.22,1 DERIVATION GF EQUATIONS

Reference 11.22.1 indicates that this derivative can be esti-

mated from:

C =¢C + C (11.22.1)

The contribution of the vertical tail follows from:

2

-2 2
Cn = " (lv COS o + ZV SIN o) Cy (11.22.2)
Ty B BV

where: lv and Zv are defined in figure 11,16.1,

C follows from section 11.14.

yBV

The wing contribution may be estimated from a series of graphs
in refence 11.22.1, based on experimental data, as a function of
wing sweep, taper ratio, aspect ratio, lift-coefficient and zero-
lift drag. A close examination of these graphs revealed tha:, for
the class of airplanes considered in this report, the average con-
tribution of the wing is 7.5 % in the negative sense. Since this is
a relatively small value that does not vary very much for diiferent

wing planforms, this value was used to adjust the contribution of

the vertical tail. The result is:

2
= — v 2 .
Cn - 1.075 " (lv Cos a + ZV SIN o) Cy (11.22.3)
T B B.;
v
11.22.2 REFERENCES
11.22.1 Roskam, J. Methods for Estimatirg Stabilicy and

Control Derivatives of Conventional
Subsonic Airplanes, Roskam Aviation &
Engineering Corporation, Lawrence,
KS, 1977.
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11.23 LONGITUDINAL CONTROIL DERIVATIVES

11.23.1 INTRODUCTION

This chapter describes the computation of the longitudinal
control derivatives. The method that calculates 1ift increment
with flap deflection is valid only for the so-called plain flap
type. See Figure 22l It should be pointed out that this method
is equally well suited for the computation of variation of lift
coefficient for control surface deflection, and therefore is

written in a generalized form.

11.23.2 DERIVATION OF EQUATIONS

11.23.2.1 VARIATION OF LIFT COEFFICIENT WITH FLAP DEFLECTION
The derivation of this derivative is based on Referénce
11.23.1, unless otherwise indicated. * The layout of the lifting

surface and the control surface is as indicated in Figure 11.23.1.

3
t
o
=
[ ]
i

n

oo b/2

Figure 11.23.1: Geometric Parameters for Control Surface Flap

11.23.1
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The derivative CL

may be estimated from:

[o2]

F
CL (e0)
aly ‘L
C =C . .23.1)
L P C R kb (11.23.1
¢ %F A S¢
M 2
where:
CL | is the lift-curve slope of the surface
o
M without flap deflection, obtained from
Section 11.2.
Cl is the section lift-curve slope, corrected
a|M
for Mach number:
Cl = Cz /\ll - M?'
alM a
(%)C ’
G L is the factor that takes three dimensional
6
Cl effects into account. It is given in Figure

R — e e e N e eame, e e

11.23.2 as a function of aspect ratio, Ah,

¢y

6flap
2)
surface

and the value of (a,)
6
CL

based on experiments. If these data are not
available, it may be obtained from the inset

of Figure 11.23.2. Average values for cF/cw

may be used.

11.23.2

(11.23.2)
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Figure 11.23 2: Influence of flap chord on flap effectiveness

%

1

is a factor that takes the spanwise position
of the flap into account. It can be obtained
from Figure 11.23.3 as a function of taper

i ) ¢
ratio Ah and span ratio n = /2

i
]
(A1)

is the section lift effectiveness of the flap, ==
may be obtained from the following equation:

Cy

6F
C K' (11.23.3)
2(%) ("5) ( )
l1-M 8 F
where: C
2
(517)

Theory of the flap, obtained from Figure

F Theory Theory

is the theoretical 1lift effectiveness

11.23.4 as a function of cl_./cw and

thickness ratio.

11.23.3
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me =N

2
8. v
c - is an empirical correction factor
2
8 .

FThaoretical based on experimental data, ahd may be
obtained from Figure 11.23.5 as a
function of CF/C and (C2 )/(Cl )

@ Theory.
The theoretical section 1lift curve, (Cz ) may be obtained
@ Theory
from:
c, ) = 6.2827 + 5.0442 t/c (11.23.4)
@ Theory
1.0 : - ‘fg
p—__ e
——TTE
¢ 8 — A —
9 - // s
1;‘7‘i-' ,,——1::213:::5555555:3 —
% theory //, : :'75/
' . .76 ——
6 - . .74/
. : //"2 /
1< . " AT
;///:,a |
4 .
Reproduml‘(eferlnce l1 (Qa)theory !
0 1 2 3 4 5
cgle
Figure 11.23.5: Empirical correction for lift effectiveness
of plain trailing edge control flaps
K' is an empirical correction factor to the

lift effectiveness at large deflections of

the flap, and may be obtained from Figure 11.23.6.
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Figure 11.23.6: Empirical correction for lift effectiveness
of plain trailing edge control flaps at high
control deflections

To implement above method in a computer program, the following
curve fittings were derived from the figures.

For the inset of Graph 11.23.2:

2
(4 [
(0g) = =.2747 - 1.4584 (-C-E>+ . 7406 (-g-) (11.23.5)
C v, : A
2
For Graph 11.23.3:
K, = -.0091 + 1.5447 . n - .5175 n? (11.23.6)

It should be noted that Equation (11.23.5) is accurate for

— A = ,5. However, due to the manner in which K, is calculated, the

b

result will be.accurate also for other values of taper ratio.
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For graph 11.23.4:

< _ . 2
(Czé )theory 1.2572 +12,8356 cf/c 10.3788 (bf/c) + A
flap (11.23.7)
where: A = 12.14 t/c (cf/c - .05) (11.23.8)
For graph 11.23.6:
8. < 10°: K' =1 (11.23.9a)

10° <§_ < 20%: K' = .B014 + .01441 &. - .00246 6.2 +
f £ £

+ (-2.5 e /c +1.25).(.1672 - .0352 8. + .0019 sfz)

(11.23.9b)
af >20% K' =1.0356 - .0217 5f + .000194 sf -

2.5 (egle = .5).(~.00154 6 +.231) (11.23.9¢)

11.23.2.2 VARIATION OF PITCHING MOMENT COEFFICIENT WITH
FLAP DEFEECTION.

This derivative will not be discussed since the complexity involved

in the computation of this derivative is beyond the scope of this report.

11.23.2.3 VARIATION OF LIFT COEFFICIENT WITH STABILIZER INCIDENCE

The derivative CL may be computed from:

CL = CL SH/S (11.23.10)
i %y
where: CL is computed in section 11.2.
o
H
11.23.7
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11.23.2.4. VARIATION GF PITCHING MOMENT WITH STABILIZFR DEFLECTION

The derivative C.m may be computed from:

*H
l, 5
G =-¢ EX (11.23.11)
1H GH€;C
where: CL is obtained from section 11.2.
o

H

11.23.2.5. VARIATION OF LIFT COEFFICIENT WITH ELEVATOR DEFLECTION

The derivative CL may be computed from:

6E
C = C S../S 11.23.12
e " S ( )
E F
where: CL is found from section'll.23.2.l
é
F

11.23.2.6. VARIATION OF PITCEING MOMENT WITH ELEVATOR DEFLECTICN

The derivative Cm may be found from:

6E
2 S
c. =-¢ = H (11.23.13)
GE GF S¢c
11.23.3 REFERENCES
11.23.1 Roskam, J. Methods for Estimating Stability and

Control Derivatives of Conventional
Subsonic Airplanes, Roskam Aviation&
Engineering Corp., Lawrence, KS, 1977

-y P

o

ey [ hanies ]

apie Coanal i aun -




LR

i N EE 2 A BN A EE om

e ~ v oL

11.24 AJILERON STABILITY DERIVATIVES c, »C » C

GA 5A 6A
11.24.1 INTRODUCTION
CZ is the most important of the aileron stability derivatives and
8

it is cailculated with a combination of the methods used in References
11.24.1 and 11.24.2. Compressibility effects are taken into account,

but the influence of wing taper ratio is neglected.

Cn is much smaller than C2 ; preferably it should be positive because
6 8
this meaés that there are no adverée yaw effects in making turns. It is cal-

culated with the method used in Reference 11.24.1. The wing taper ratio

is an important variable in the determination of Cn , so it is not
. [

neglected here. A

The value of C is usually so small that it can be ignored. The
é
A

program does not calculate this derivative.

11.24.2 CALCULATION OF Cl

%A

A shortcoming of the method of Reference 11.24.1 is that only moderate
wing aspect ratios are allowed in cases with B and k close to one. With the
method of Reference 11.24.2, which basically works the same way, wing aspect
ratios from 6 to 16 can be investigated. This method, however, does not take_
the effect of wing sweep angle into account or the effect of wing taper ratic.
This latter influence is a minor ome: for taper ratios normally used, the

aileron rolling moment parameter is hardly dependent on taper ratio. The

effect of sweep angle can be greater, and therefore a mixture of both methods -=s

been used to produce Fig. 11.24.1. According to Reference 11.24.2, it is wval:id

11.24.1




for aileron deflections up to 20 degrees,

F
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Figure 11.24.1: Detarmination of C!.'/k
é

Fig. 11.24.1 is meant for full-chord controls; for partial-chord

controls there is a correction factor, taken from Reference 11.24.2 and
presented in Fig. 11.24.2. The variable AB in Fig. 11.24.1 is computed

as follows:

mm

tanA_/a .
Ag = arctan ( ——=) (11.24.1)
11.24.2 E
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Figure 11.24.2: Correction for Flap-Span Effect

The effect of partial-span controls is taken into account by using
Fig. 11.24.1 two times: once for the inboard lateral coordinate of the
aileron and again for the outboard lateral coordinate. The difference
in the results is then the actual aileron rolling moment parameter.

It is assumed that the effectiveness of thg right aileron is equal to
that of the left aileron, so Fig. 11.24.1 gives the total aileron rolling
moment parameter. The aileron deflection associated with it is defined as:

GA = k(GL -3

in which a positive control deflection is left aileron trailing edge down.

C
: Cz is found as the product of 26 (from Fig. 11.24.1) and k (from Fig.
BA k
11.24.2).
11.24.3
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11.24.3 CALCULATION OF C_

This derivative is calculated with the methed in Reference 11.24.1,

according to:

The factor K is a correlation constant which depends on wing aspect ratic,
taper ratio and inboard location of the aileron.

The lines for A = 12 are the result of extrapolating Fig. 11.3 in Refere

11.24.1,

%
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It is given in Fig. 11.23.3.
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This figure is only valid for ailerons which extend to the wingtip. To

calculate Cn for ailerons which do not extend to the wingtip, Eqn. (11.2-.2)

8a

must be used two times: once for an imaginary aileron wkich extends from
the inboard location of the actual aileron to the tip and again for anotk:zr
imaginary aileron which extends from the outboard location of the actual zii-

eron to the tip. Subtracting the Cn of the second imaginary aileron frca

Sa

that of the first one gives Cn of the actual aileron. However, it is n:t

GA .

enough to take the difference in the correlation constants,of the two imzzix

ary ailerons, and Cp~ must also be calculated for each one.

6A
The value of CL in Eqn. (11.24.3) follows from:
W
= = J2L.%
CL 35 (11 )
so it is just the steady state lift coefficient.
11.24.4 REFERENCES

11,24.1 Roskam, J. Methods for Estimating Stability and Contr:l

Derivatives of Conventional Subsonic Airplz=zes,
Roskam Aviation & Engineering Corporation,
Lawrence, KS, 1977.

11.24.2 pommasch, D.0. Airplane Aerodynamics, Pitman Publishing

Sherby, S.S. Corporation, New York, 1967
Connolly, T.F.
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11.25 DIRECTIONAL CONTROL DERIVATIVES Cv » C, AND C
: — n

11.25.1 INTRODUCTION

Yo 78 5
R R R

This chapter describes the computation of the directionzl

*

control derivatives, and the method presented is taken from Peference 11.25.1.

Since it relies on computations in Chapter 11.23 for control-surface

effectiveness, it is subject to the limitations of those calculations.

11.25.2 DERIVATION OF EQUATIONS

11.25.2.1 Cy Variation of sideforce coefficient with rudder
8
R deflection. This derivative may be estimated
from:
= (aé)C Sv
Cya =0 | L Jep) K'Kfg)]%  (11.25.1)
R *v\lay) c.
Cl
Where: .
CL is the vertical tail lift curve slope, computed
o
V. as in Section 11.2.
Note: The effective aspect ratio of the vertical
. tail, ARV » used in the calculation of C is
L
EFF a
obtained from Section 11.14. v
(a(%
= ‘L is the ratio of three dimensional flap-effectivensss
'y :
Cz to two dimensional flap-effectiveness. It may be
obtained from Section 11.23.
(aa) is the theoretical value of the two-cimensional IZzp-
c
L

effectiveness parameter -and may be obtained fro=

Section 11.21.

11.25.1
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11.25.2.2

11.25.2.3

K' is a correction factor for high control-surface
angles, obtained from Sectiom 11.21.

Kb is a correction factor for control-surface-span,

obtained from Section 11.21.

c variation of the rolling moment coefficient with rudder

L

R deflection.

This derivative may be computed as:
Z cosa - £ sina )
X v

Cla = Cya ( =
R R

Where:

(11.25.2)

Cy follows from section 11.25.2.1

%R

z, and £, are defined in Figure 11.16.1

Cn variation of yawing moment coefficient with rudder
GR ’
deflection.

This derivative may be computed as follows:
lrcosu + erinu
c = -¢ (‘ k! (11.25.3)

n y b
GR 6R

Where:

Cy follows from section 11.25.2.1
é
R

Zv and nv are defined in Figure 11.16.1.

11.25.3 REFERENCES

11.25.1 Hoak, D.E. & USAF Stability and Control Datcom: , Fligh:
Ellison, D.E. Control Division; Air Force Flight Dynami:s

=
-

Laboratory, Wright Patterson Air Force Base,
Ohio, 45433
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11.26: HINGE MOMEXNTS OF CONTROL SURFACES Ch , C

11.26.1: INTRODUCTION

Thié chapter describes the procedure involved in computing the
hinge moment derivatives C, and Ch » where the methods are primarily those c*
Reference 11.26.1. The da:a used for the computation of the section hinge
moment derivatives are based on the NACA 0009 airfoil. This is a type
of airfoil that is used quite often for the horizontal tailplane on general
aviation aircraft. The method allows for differences in lifting-surface geormezr:}
control-surface geometry and method of balancing. First the equations for ths

variation of hinge moment with angle of attack will be derived, followed by

the equations for the variation of hirge moment with control surface deflectic:z.

11.26.2.1 DERIVATION OF EQUATIONS FOR Ch
a B

First the section characteristics for sealed-gap controls will be
derived, where a correction will be made to account for open-gap

controls. The hinge moment derivative Ch is based on the control chord
o

squared(cp)%see Fig. 11.26.1).

|
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Figure 11.26.1: Geometry of Aileron

- The first step ~requires the computatlon of the hinge moment derivative

Cﬁ for a radius-nose, sealed control surface:
a

11.26.1
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=3

(c

Cl
( h, 1 .
¢ T\ /) D iheory (FB4 D) (11.26.1)
a \**n ’theory 3
Where:
\]
Chu
D) is the ratio of actual to theoretical hinge moment
ha theory
derivative, obtained from Figure 11.26.2. The parameter
c, /(C2 )theory follows from Eqn. 11.23.4
a a
1.0 @ - —r1.0—
| a— 1 Ci
s s —2

;/f‘—/// (Cga,‘ theory

Figure 11.26.2: Rate of Change of Section Hinge Moment Ct"
with Angle of Attack o

)

|
|
|
hu theory is the theoretical hinge moment derivative, and follows

from Figure 11.26.3.
-8 T -

® ] i 1 T s

STA.\'DAR]D SYMMETRICAL AIRFOIL _/ H
(sce definition in para. A) ‘n o ‘
1{4)/ ‘

d

2 ¢ 3 4
3

Figure 11.26.3: Theoretical Hinge Moment ‘Derivative
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If the trailing edge of the airfoil does not conform to the following

condition:
¢' ¢l' ¢
TE TE "TE t
TAN —— = TAN —— = | —— = — .26,
N— 5 TAN > - (11.26.2)
Where: ¢'TE is the angle between straight lines through 90 and
99 percent of the chord on upper and lower surface
¢"TE is the angle between straight lines through 95 and ©23

percent of the chord on upper and lower surface*
is the trailing edge angle between tangents to upper
and lower surfaces at the trailing edge.,

then the following correction has to be applied to equation (11.26.1):

c

2 ¢||’r _1\
TE t, (rad
c' =c' + 2(C, ) (1-—3————>(TAN—-—)( )
h h, Za theory (Cla)theory 2 c

(11.26.3)

To account for the effect of balancing, the following correction is appliec:

(Cha)balance (rad-l)
(€ Jpatance = Cn \T¥ (11.26.4)
o a h
a
Where:
C; is obtained from Eqn. (11.26.3), or is equal to Cﬂ in
a o
Eqn. (11.26.1).
(Cha)balance
ol is obtained from Figure 11.26.4%
h
(V]

The definition of the control surface dimensions is given in Figure 11.26.5.

while Figure 11.26.6 shows the various nose-shapes.

*Note: For a beveled trailing edge ¢"TE is equal to the angle of bevel.
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Figure 11.26.4: Effect of Vose Balance on Section Hinge Moment

The effect of Mach number may be roughly approximated using the

Derivatives

Prandtl—Glauert correction:

c

hurLow Speed

c

hﬁ

M \/1 - M2

s

Figure 11.26.5: Geowetry of Control Surface
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Figure 11.26.6: Various Types of Nose Shapes



Using the two dimensional hinge moment computed above, the three dimen-

sional hinge moment coefficient is:

=AR cosAc/a
h AR + 2 cos A
a " e

C

(ch ) + ACh (11.26.6)

/4 o a
Where:

C is computed with Eqn. (11.26.5)

ACh is a correction for induced camber effects, arrived at by
using lifting-surface theory. It may be obtained from

Eigure 11.26.7.

SUBSONIC SPEEDS

03
(a)

o
9

Tra

e
y
/

AC,
2 B, Kycos Ay,
/

/

Figure 11.26.7: Correction for Induced Camber

The variables in the y-axis quantity are:

C is section lift curve slope

K takes control surface span into account, for outboard
controls (see Fig. 11.26.8) if inboard controls are
- used, then K may be approximated to be equal to Y,/(b/2),

where Yo and Y{ are defined in Figure 11.26.9.

*The effect of open gap and bevel angle on section characteristics will be
determined later.

11.26.5
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Wrhe

v |

B2 accounts for the effect of control surface to balance

chord ratios, to be obtained from Figure 11.26.10.

-3

(b) ///
pd

L]

[ 2 K] Y £ P ] 1.0
f] -

b2

Figure 11.26.8: Effect of Control Surface Span

Figure 11.26.9: Control Surface Span Parameters

The primed values in Figure 11.26.10 refer to measurements normal t:

the wing quarter chord line, and if not explicitly given, they may be ap-

proximated by:

C%/c' = (cg + c;')/(c" -¢"' + cg + cg') (11.26.7}
and 1 ' o " ny : oY
cb/cf cl')/(cf + s ) (11.26.8°

11.26.6




Where:
cy = o cos.ﬁ/aa (11.26.9)
"y o . s _
ct ce sinhy = tanh, = (11.26.10)
¢" = (c - cf) COSA'1/AE ' _ (11.26.11)
'™ = (c - cp) sinh = sin( o =hy,,2) (11.26.12)
f = - 1 - - -
¢ = S COSAl/Ac + cy smAl/Ac tan(A 1/40 AHL) (11.26.13)
1.6 '
1.4 T )
2 i%?‘fd o
: 1 !7?'-227!/;
VA A
1o V7 L |
5, IRV ARVAYi
¢ XA s A
A7 A A
/S A AR
. v/ A A
Y A 1L
2 /. l
—
0 _l
0 1 2 3 4 S 6

&
7
: Figure 11.26.10: Correction for Chord Ratic
Corrections for open gap, horn balance and bevel angle may now be made.
Reference 11.26.2, Figure 6-8, provides data for the estimation of the effect

of open gap. The figure is reproduced as Figure 11.26.11. The definition

of the gap may be found in Figure 11.26.5.
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Figure 11.26.11: Effect of Open Gap on Section Hinge Moment
Coefficient for a .35% Flap

Figure 11.26.11 shows on the average a (positive) increase in Ch
a

of .0005 for a .005c gap. A simple approximation of the effect of open
gap, therefore, is:

C
ac, = +.1 B2 (deg 1 (11.2.1%)
[+

gap
Reference 11.26.3 provides data for the estimation of the effect of bevel

angle. Figure 11.26.12 is a reproduction of Fig. 12:14 of this referen:cs.
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This figure is only valid for ailerons which extend to the wingtip. To

" calculate Cn for ailerons which do not extend to the wingtip, Eqn. (11.2:.2)

8a

must be used two times: once for an imaginary aileron which extends from

the inboard location of the actual aileron to the tip and again for anotkzT

imaginary aileron which extends from the outboard location of the actual zii-

eron to the tip. Subtracting the Cn of the second imaginary aileron fr:a

Sa

that of the first one gives Cn of the actual aileron. However, it is =n2t

Sa

enough to take the difference in the correlation constants.of the two imzzis-

ary ailerons, and Cl must also be calculated for each one.
8
A

The value of . in Eqn. (11.24.3) follows from:

= E_ I AA
so it is just the steady state 1lift coefficient.
11.24.4 REFERENCES
11,24.1 Roskam, J. Methods for Estimating Stability and Contr:zl

Derivatives of Conventional Subsonic Airplzzss,
Roskam Aviation & Engineering Corporation,
Lawrence, KS, 1977,

11.24.2 pommasch, D.0. Airplane Aerodynamics, Pitman Publishing

Sherby, S.S. Corporation, New York, 1967
Connolly, T.F.
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11.25 DIRECTIONAL CONTROL DERIVATIVES C, »C, MDC
s s M

R R R

o

11.25.1 TINTRODUCTION

This chapter describes the computation of the directionzl
control derivatives, and the method presented is taken from Peference 11.25.1.
Since it relies on computations in Chapter 11.23 for control-surface

effectiveness, it is subject to the limitations of those calculations.

11.25.2 DERIVATION OF EQUATIONS

11.25.2.1 C Variation of sideforce coefficient with rudder
8
R deflection. This derivative may be estimated
from:
(oté)C S
. = ¢ L f(a,) K'K[=—]% (11.25.1)
3 e\ 8 b\ S v
R v\(24) ¢,
Cl
Where: .
CL is the vertical tail 1lift curve slope, computed
(]
v as in Section 11.2.
Note: The effective aspect ratio of the vertical
. tail, ARV » used in the calculation of C is
L
EFF a
obtained from Section 11.14. v
(u%
G )L is the ratio of three dimensional flap-effectiveness
6.
Cz to two dimensional flap-effectiveness. It may be
obtained from Section 11.23.
(aa) is the theoretical value of the two-cimensional IZlIzp-
C .
2 .

effectiveness parameter 'and may be obtained frox

Section 11.21.

11.25.1
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y .

= Ra3

11.25.2.2

11.25.2.3

11.25.1 Hoak, D.E. &

K' is a correction factor for high control-surface
angles, obtained from Section'11.21.
Kb is a correction factor for control-surface-span,

obtained from Section 11.21.

¢, variation of the rolling moment coefficient with rudder

R deflection.

This derivative may be computed as:
Z cosa - £ sina
~ v

c26 = cyé ( =
R R

Where:

(11.25.2)

Cy follows from section 11.25.2.1

*r

z, and £, are defined in Figure 11.14.1

Cn variation of yawing moment coefficient with rydcer
6R
deflection.

This derivative may be computed as follows:
lvcosa + szinu)

c,, - -e, (5
R R

(11.25.3)

Where:

Cy follows from section 11.25.2.1
é
R

Zv and lv are defined in Figure 11.16.1.

11.25.3 REFERENCES

USAF Stability and Control Datcom: Fligh:

Ellison, D.E. Control Division; Air Force Flight Dynami:s

Laboratory, Wright Patterson Air Force Bzase
Ohio, 45433
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11.26: HINGE MOMENTS OF CONTROL SURFACES Ch , C
. o 8

>
[ &

11.26.1: INTRODUCTION

This chapter describes the procedure involved in computing the
hinge moment derivatives Ch and Ch , where the methods are primarily those cZ
a
Reference 11.26.1. The data used for the computation of the section hinge

moment derivatives are based on the NACA 0009 airfoil. This is a type

aviation aircraft. The method allows for differences in lifting-surface geomzirx
control-surface geometry and method of balancing. First the equations for ths
variation of hinge moment with angle of attack will be derived, followed by

the equations for the variation of hinge moment with control surface deflectizz.

11.26.2.1 DERIVATION OF EQUATIONS FOR Ch
a

r
of airfoil that is used quite often for the horizontal tailplane on general E
&

First the section characteristics for sealed-gap controls will be
derived, where a correction will be made to account for opern-gap

controls. The hinge moment derivative Ch is based on the control chord
o

squared(cF)%see Fig. 11.26.1).

HINGE LINE

Figure 11.26.1: Geometry of Aileron

]

The first step -wrequires the computation of the hinge moment derivative

13

Cﬁ for a radius-nose, sealed control surface:
. ,

11.26.1
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C'
CL = <a?—%}——————)(ch )theorv (rad-l) (11.26.1)
a ha theory a 3
Where:
L
Cha
TE__T__—__ is the ratio of actual to theoretical hinge moment
h° theory

derivative, obtained from Figure 11.26.2.

Ciu/(cza)theory follows from Eqn. 11.23.4
@)
10 —
< E:
K - —
( c!a_.) theory
6
e;‘c P
("‘n)theory ‘
[
I |
23 R

Figure 11.26.2: Rate of Change of Section Hinge Moment C"‘
wvith Angle of Attack a

. )

The parameter

hu theory is the theoretical hinge moment derivative, and follows

from Figure 11.26.3.

ST . — —
STANDARD SYMMETRICAL AIRFOIL / H s
(see |del'mit.ion in para. IA) R / |
.\- ]
(ha)uneory » ' !
(per rad) : : . |
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( | |
3

bo.
°le

W

»d

Figure 11.26.3: Theoretical Hinge Moment ‘Derivative
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. If the trailing edge of the airfoil does not conform to the following
condition:
¢' ¢" 4)
TE _ TE _ muy ~TE _ & 6
TAN 7 TAN 2 TAN 2 c (11.26.2)
Where: ¢'TE is the angle between straight lines through 90 and
99 percent of the chord on upper and lower surface -
¢"TE is the angle between straight lines through 95 and 23
percent of the chord on upper and lower surface*
* ¢TE is the trailing edge angle between tangents to upper

and lower surfaces at the trailing edge,

then the following correction has to be_.applied to equation (11.26.1):

c

2' ¢l!'r —l\
TE t,({rad
¢t o=c o+ 2(c, ) (1-————-——" >(TAN—-—)( )
hu ha la theory (C2 )theory 2 c
¢ (11.26.3)

'To account for the effect of balancing, the following correction is applied:

(Cha)balance (rad_l)
(€, dpatance = Cn \T¥ (11.26.4)
o] a h
Where:
C; is obtained from Eqn. (11.26.3), or is equal to Cé in
¢ (]

Eqn. (11.26.1).

(Ch )
a

cll

h(!

balance

is obtained from Figure 11.26.41

The definition of the control surface dimensions is given in Figure 11.26.2

¥

Ja——

while Figure 11.26.6 shows the various nose-shapes.

y

*Note: For a beveled trailing edge ¢"TE is equal to the angle of bevel.
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Figure 11.26.4: Effect of Nose Balance on Section Hinge Moment

The effect of Mach number may be roughly approximated using the

Derivatives

Prandtl—Glauert correction:

C
C - a!{Low Speed
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Figure 11.26.5: Geometry of Control Surface
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Figure 11.26.6: Various Types of Nose Shapes
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Using the two dimensional hinge moment computed above, the three dimen-

sional hinge moment coefficient is:

© AR c:os,l\c/4

¢ " AR T 7 cos] (c, ) + ac, (11.26.6)

o " telb o a
Where:

Ch is computed with Eqmn. (11.26.5)

(V]
ACh is a correction for induced camber effects, arrived at by
(41

using lifting-surface theory. It may be obtained from

Eigure 11.26.7.

SUBSONIC SPEEDS
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o
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/ /
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Figure 11.26.7: Correction for Induced Camber

The variables in the y-axis quantity are:

Cl is section lift curve slope
a

Ka takes control surface span into account, for outboard
controls (see Fig. 11.26.8) if inboard controls are
used, then K may be approximated to be equal to Y,/(b/2),

where Yo and Yi are defined in Figure 11.26.9.

*The effect of open gap and bevel angle on section characteristics will be
determined later.
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B accounts for the effect of control surface to balance

LS ]

chord ratios, to be obtained from Figure 11.26.10.

{b) /V
Z/

"3

L]

o - 2 A Y £ 2 1.0
(] -

b2

Figure 11.26.8: Effect of Control Surface Span

- J:

Figure 11.26.9: Control Surface Span Parameters

The primed values in Figure 11.26.10 refer to measurements normal t=

the wing quarter chord line, and if not explicitly given, they may be ap-

proximated by:

1 1 = ” 1t i 1] - ‘A" 4 1] ney -
cf/c (cf + cr ¥/ (e ¢"' + cg + cs ) (11.26.7}
and 1 [] = [ ” "ne Y
Cb/cf c:b/(c:f + cy ) (11.26.8°
11.26.6




Where:
cy = C¢ cos<ﬁ/az (11.26.9)
LU - . ' _ . _ .
ct ce sink .2 tan Ay .2 (11.26.10)
M - _ ' 6
¢ (c cf) cos A 1/42 ‘ (11.26.11)
o - - . _ . _ _ 6.
c (c cf) sinh g .z sin( | o Al/4c) (11.26.12)
' _ : - - - 6.
c, cy cosAlMc + cy smAl/&c tan(A 1/4e AHL) (11.26.13)
1.6
14 c’: ,I/Q
= Ol A
1.2 [ -
< o b
18 P S aD
B, W oAy ARY.Aayi
? l// 2 s A
. //L/'7’Z....L_‘,/
et
/A LA
4 i/ ;/! ,)/‘
D
A
o [ ‘ ' '
0 1 2 3 4 5 6

<
-
. Figure 11.26.10: Correction for Chord Ratio
Corrections for open gap, horn balance and bevel angle may now be made.
Reference 11.26.2, Figure 6-8, provides data for the estimation of the effect

of open gap. The figure is reproduced as Figure 11.26.11. The definition

of the gap may be found in Figure 11.26.5.
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Figure 11.26.11: Effect of Open Gap on Section Hinge Moment
Coefficient for a .35 Flap

Figure 11.26.11 shows on the average a (positive) increase in C

h
a

of .0005 for a .005c gap. A simple approximation of the effect of open
gap, therefore, is:

c _ .
ac, = +.1 —%EE (deg l) (11.26.14)

a
gap

Reference 11.26.3 provides data for the estimation of the effect of bevel

angle. Figure 11.26.12 is a reproduction of Fig. 12:14 of this reference.

i
i
H
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The correction for open gap (Eqn. 11.26 .14)

0.002

-0.602

=-0.006

aC, foa or 3C, /36

-0.010

o

Figure 11.26.12: Effect of bevel Angle on Hinge Moment

Coefficient for a ,2c Flap

The effect of bevel angle may thus be approximated as:

- -1
Acha- -00032 ¢, (deg ™)

Where: ¢bev in degrees

(11.26.15)

Both the effect of bevel angle and of open gap have to be corrected for

flap-airfoil chord ratio. This can be done by referring to Fig. 11.26.13,

which is a reproduction of Figure 12:7 of reference 11.26.3.

0.01 -
© |
2 !
l‘.‘; ! Flop-chord rotio. ¢, /¢ \
S ° 02 04 0.6 08 10
k4
N
1% \
°
é -0.01 l dq/a
o dc/ N ‘
g *og |
3 ™~ !
g -0.02 : 0 !
: \ |
-
-3
£
: l

-0.03

Figure 11.26.13: Correction for Flap-Chord Ratio

now becomes:

AC

[od
. 1 -gap £ _
b 1 B2 (1. L025(c /e
gap

35)) (deg™) (11.26.16)
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The correction for bevel an

gle on section hinge momen fficient
now becomes:
= o
A Cha -00032 ¢p.u (1. - .025(cf/c .2)) (deg ) (11.26.17
bev

The corrected three dimensional hinge moment coefficient is based on

twice the area moment.

11.26.2.2 Derivation of Equation for Cq
“8

The equation for the section characteristics will be derived first, .
followed by corréctions for three diﬁensional effects. Thé hinge
moment coefficient Ch is based on the control chord squared czf. (See

)
Figure 11.26.1). The method is based'on closed gap controls where a

correction will later be made for open gap.
For a radius-nose, sealed, plain trailing edge control for which the
thickness correction as defined on page 11.26.3 is valid, the hinge moment

derivative follows from:

¢n

c'h =(—2 (¢, ) (rad-l)

) (e, ) hé theo (11.26.18)

6 theory Ty

where:
cl
s
( ) is the ratio of actual to theoretical hinge moment

6 theory obtained from Figure 11.26.14.
(c, ) is the theoretical hinge moment derivative, obtained

6 theory from Figure 11.26.15.

Note: Thé parameter S /(e in Figure 11.26.14 may be obtained
a

lu)
. theory
from section 11.23.

11.26.10
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Figure 11.26.14: Ratio of Actual to Theoretical Hinge Moment
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Figure 11.26.15: Theoretical Hinge Moment Derivative

If the thickness condition as defined on page 11;2&3is not met,

then the following correction should be applied.

c

2 ¢"
" =’ +2 (e, ) 1 - —3— Yeran —=E - &) (raa”h
hé hé zG theory (CR ) 2 ¢
6 theory
where: c'h is obtained from equation (11.26.18)
6
(cz ) is the theoretical 1lift due to flap deflection,
6 theory

obtained from Fig. 11.23.4.

11.26.11

(11.26.19)

i ]

g

€

ey |

(A

[ v ]

| e |

——— C e ———— — r— [ . c ey v o e o s e L e p——




c

s
(c, )

is the ratio of the actual to the theoretical lift

g’&theory due to flap deflection, obtained from Figure 11.23.5

¢"‘I‘E is as defined in section 11.26.2.1,for a beveled

trailing edge:

*"rg = $pEv

A correction for nose shape can be made as follows:

(c, ) _
(c, ) = o' 8 balance (rad 1) (11.26.20)
‘ h 0
6 balance é c
h
)
where:
c"h is obtained from eqn. (11.26.19) or assumed equal to ', .
[ -
(c, ) is obtained from Figure 11.26.16 for various
é balance
c"h nose shapes as defined in Figure 11.26.6.
5 :
© NACA 0009 .
O NACA 0015 ROUND NOSE =
©NACA 550093 %
e 0009‘ ELLIPTIC NOSE =
= NACA 0015 ~OS —~ % -——_cf—_l
ANACA 0009  SHARP NOSE _ HINGE
SUBSONIC SPEEDS LINE
I.G ' l
’ i
!ch‘)hshnee * l
Chg 4
2
i Jd

C,

t
BALANCE RATIO, S) (&

Figure 11.26.16: Effect of Nose Balance on Section Hinge
. Moment Derivative

The effect of Mach number may be accounted for as follows:

(¢, )
(ch ) = Ché low speed

S J1-2

11.26.12

ot e o, -
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Now corrections will be made for open gap, horn balance and bevel
angle.

From Figure 11.26.11 follows the following correction for open gap:

A (Ch) ‘= ,2 _Tgap (11.26.22) -

§ gap d
This has to be corrected for flap-wing chord ratio according

to Figure 11.26.13 to provide:

A (ch )

C
2 —B3R 143,95 (cg, - .3)| (deg™D) (11.26.23)
§ gap ¢ /e

In the same way a correction factor for the effect of bevel angle is

found to be:

hs BEY

A (C_) = .0027¢;py [1 + 1.25(C4/c -.3)} (deg'l) (11.26.24)
The two-dimensional hinge moment ;oefficient as obtained above may now

be corrected for three-dimensional effects. The hinge moment derivative,

based on twice the area moment, may be obtained from:

2 COSAc/4
= 2 2
Ch COSAc/4 cosAHL Ch +®c T2 2 cosh + Ch (11.26.25)
) o c/é )
Where: Ch is the hinge-moment derivative due to angle of
(]
attack, obtained from section 11.26.2.1.
Ch is the section hinge moment derivative due to contrcl
6
deflection, obtained from section 11.26.2.1.
e is the two dimensional lift effectiveness parameter

obtained from section 11.23.

11.26.13




Ll

AC is an approximate lifting surface correctior which

[»2]

accounts for induced camber. It may be obtained from

Figure 11.26.17, where:

B,

accounts for control surface and balance surface
chord ratios, and may be obtained froxz

Figure 11.26.10.

accounts for control surface span effect for outbczard
controls per Figure 11.26.18. Tor inboard contrcls

KG tan be approximated by using Yo instead of Yi-

Note: The values that are primed in Figure 11.26.10

04

03

ac, s
e,‘ B, Ky cos AgocotA,,
o
"~

01

refer to measurements normal to the quarter chord.

See Equations 11.26.7 through 11.26.13.

SUBSONIC SPEEDS
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Figure 11.26.17: Litting Surface Correction for Hinge Moment

Derivative .
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Figure 11.26.18: Correction Factor for Control Surface Span

A last correction that may be applied to the three dimensional values

is a correction for the effect of a horn balance. It should be noted

that the effect is difficult to estimate.

Reference 11.26.3 provides

a rough estimation of the effect for the unshielded horn shown in

Figure 11.26.19.
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Figure 11.26.19: Effect of Horn Balance
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The effectiveness of the horn is determined by the ratio of the mczzz:
of the horn area forward of the hinge line to the moment of the flap arz:
aft of the hinge line, where the moment is defined as the area of the flzz or
horn multiplied by the distance of the respective area centroid from thz
hinge line. Figure 11.26.19 is for a 0.20 c plain flap on a NACA 0009
airfoil. To correct for different flap-wing chord ratios use can be mzf:z of
Figure 11.26.13. The effect of horn balance on hinge moment coefficiern:s

can be expressed as:

M c, b
ac, = (.013125 2 (1 - .0025 (== - .2))) T= (11.2:.29)
c S
a f cs
M Ce b
ac, = (L0125 = (1 - .0175( — - .2))) -2 (11.28.27)
c S
é f cs

This concludes the derivation of the equation for the hinge-moment derivz:ives

C and C

. h h, '

o é
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11.27 CL R Cm LIFT AND PITCHING MOMENT COEFFICIENTS AT a =i = 8§_=0
o o ®

11.27.1 INTRODUCTION

The original version of the Stability and Control computer program

required C, and Cm to be manually calculated and then included as

(o] (e}

L
inputs to the program. Since this was thought to detract from the utilicr
and versatility of the program, the present version of the computer pro-

gram relies on inputs for « and the two-dimensional airfoil zero-1if:

olus

pitching coefficient c, as additional inputs to compute CL and Cm .
o o o

Soubroutine CLOCMO is added to the present computer program to compute
d .
CL an Cm

(o] o

11.27.2 CL
: o

The life coefficient of the total airplane may be represented as:

(Reference 11.27.1)

CL = CL + CL o + CL 1H + CL GE (11.27.%)

C. = total airplane lift-curve slope

C. = incremental lift per unit deflection of an all-moving

stabilator

L. = incremental lift per unit deflection of a stabilizer-
elevator arrangement.

CL may be computed as
o

E™ 1

roa

11.27.1
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B2 = W\ eEm-

C, =C, + C, (11.27.2)
“o *o “o
WB H
where CL = —CL aoLWB (11.27.3)
%uB “wB
C. =-C. (e +a. )5y 9 (11.27.4)
L L oLF —_ —
(o} [+ 1 § -
H H q,

Equation 11.27.3 requires an input for a , the zero-lift angle-of-

°Lys
attack for the wing-body combination. CL ,» the wing-body lift-curve
“uB
slope, is obtained from Subroutine LIFCRV permethods discussed previously.
Equation 11.27.4 requires the computation of €52 the downwash at

a = 0, as

e = -0 de ' (11.27.5)

° olus 30

Here, aoLP is an input defined as the zero-lift angle-of-attack for the

s

horizontal tail where the tail is isolated from the downwash of the

wing-body. CL » the horizontal tail lift-curve slope, is obhtained from
a
H

subroutine LIFCRV per methods discussed previously. It is referenced to
S, the reference (wing) area, by the term fg_where SH is the horizontal

S
tail planform area.

11.27.3 ¢
m
o]

The steady state pitching moment coefficient for the total airplane

may be represented as (Reference 11.27.1):

C = cm + cm a + Cm 1H + cm<s 5E (11.27.6)

" ° @ i E

11.27.2
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where Cm = total airplane pitching moment coefficient when
e
a=1i =§6_=0
H E -
Cm = change in pitching moment coefficient per unit change
a
in angle of attack
C = longitudinal control derivative for stabilator deflections
m
i
H
Cm = longitudinal control derivative for stabilizer-elevator
6E

configurations.

Cm may be computed as

o -
H SH = S
Cc = C + C (X - X Y+ C — — (X -X )e
m mo. L cg ac.o Lu - S acy cg
° WB ®ur H % :
(11.27.7)
where Cm .is defined as the wing-body pitching moment coefficient
' 2up
about the wing-body aerodynamic center.
= - A . . 8N
Cm C CLa aoLW XaCWB (11.27.8)
acur acy W

where the first term on the right side of Equation 11.27.8 is the 3-
dimensional pitching moment coefficient of the wing based on an input

2-dimensional %n , and corrected for Mach and twist. Reference 11.27.2
o

describes this development as

‘A c052 Ac/4 ACmo
c = s - C + ] (11.27.9)
m A + 2cos A : m e

ac, c/4 o
[]

M=20

11.27.3
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N e e

where A = planform aspect ratio

Ac/k = sweep of the quarter chord line

cm = 2 dimensional pitching moment coefficient
(<]

AC
"o
8 - twist correction per degree

6 = twist in degrees

While Reference 11.27.2 presents graphical data for the twist

correction, curve fitting techniques were used to provide the following:

AC
m , -
—2 = -.85642 x 10 3 A= 17452 x 1070 a2 + .315 x 10”7 A3
A=0 (11.27.10)
ac_
5 © = _.90826 x 10" A - .28234 x 10> a2 - .68 x 10°° A3
A= .5 (11.27.11)
AcC
=2 = -.4986 x 107> A - .50556 x 107> A% + .1554 x 107¢ A3

A=1 . ( 11.27.12)

where A = planform taper ratio
A = planform aspect ratio

AC
m
o

o is obtained directly for specific values of A by interpolating

- between the values from Equations 11.27.10, 11.27.11, and 11.27.12 as

appropriate.

11.27.4
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Cm from Equation 11.27.9 is finally corrected for Mach effects using

acw

the following relationship which is also developed through curve fitting

methods applied to graphical data of Reference 11.27.2:

M

C =1, for M < .2
m

OM=0

= 1. + .072857143 (M - .2) + .22(M - .2)2 + .828571431 (M - .2)3 (11.27.13)

for M > .2
C
m
°y
C = C . = (11.27 .13
Mac Mac Cm
1) W (e}
M>0 M=0 M=0

The remaining terms of Equation 11.27.8 are defined as

c = wing CL , computed per methods discussed earlier
¢1 o .

(Subroutine LIFCRV).

a = zero-lift angle-of-attack of the wing, an already-
existing input

Axac = fuselage-induced aerodynamic center shift, computed per
methods discussed earlier (Subroutine MULTCP).

The remaining terms of Equation 11.27.7 are defined as follows:

i;g = thé airplane center-of-gravity location measured from
the leading edge of the wing mean aerodynamic chord and
expressed as a fraction of this chord, positive aft.

ﬁach= the wing-body aerodynamir center location measured from

the leading edge of the wing mean aerodynamic chord and

expressed as a fraction of this chord, positive aft.

11.27.5
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11.27.1

11.27.2

xac = the horizontal tail aerodynamic center location
H .
measured from the leading edge of the wing mean aero-

dynamic chord and expressed as a fraction of this chord,

positive aft.

Roskam, J. Airplane Flight Dynamics and Automatic Flight
Controls, Part I. Roskam Aviation and Fngin-
eering Corporation, Lawrence, Ks., 1979.

Hoak, D.E. & USAF Stability and Control DATCOM. Flight

Finck, R.D. Control Division, Air Force Flight Dynanics
Laboratory, Wright-Patterson Air Force Base,
Ohio.
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CHAPTER 12

DYNAMIC STABILITY ROUTINE

The Dynamic Longitudinal and Lateral-Directional Stability program
that is incorporated in the Stability program described in this report
is a modified version of a program developed at the University of Kansas.
A full description is presented in Reference 12.1. The progran has been
tested extensively and produces excellent results.

The major modification consisted of changing the input instructions
for this program in such a way that they are performed automatically.
The input data for this program consist of the stability derivatives
for a particular flight conditon. The stability derivatives are com-
puted in the program described in this report and then transferred

automatically to the Dynamic Stability and Control program that computes

.
3

the Dynamic Stability Characteristics.
Briefly the program computes the following:
I. DYNAMIC STABILITY
A. Computes dimensional derivatives if non-dimensional
derivatives are inputted . |
B. Computes coefficients of the characteristic equations
C. Computes the roots of the characteristic equations
D. Prints the characteristic equations in factored form
and states the root configurafions
E. Longitudinal case computes:
1. (mnsp) Short period undamped natural frequency
2. (mnp) Phugoid undamped natural frequency

3. (CSP) Short period damping ratio

4. (;P) Phugoid damping ratio

12.1




5. (Tl/2P or TZP) Time to half or double the amplitude
of the phugoid mode .

6. Short period characteristics
a. (n/a) Load factor / angle of attack
b. (mnz/ n/a) Short period undamped natural frequency

squared / load factor / angle of attack
F. Lateral directional case computes:
1. (wnD) Dutch roll undamped natural frequency

2. (cD) Dutch roll damping ratio

3. (TS) Spiral time constant

4. (TR) Roll time constant

5. (Tzs) Time to double the amplitude in the spiral
mode

6. (chnb) Dutch roll damping ratio x Dutch roll undamped
natural frequency

7. (|¢/8|D) Oscillatory bank angle to sideslip ratio

8. (wnD21¢/S|D) Dutch roll undamped natural frequency
X oscillatory bank angle to sideslip ratio

G. Sensitivity analysis varies any selected input variable

of array DERV and computes for eaéh incremental value:

1. Real and imaginary parts of roots of the character-
istic equations

2. Damping ratios and undamped natural frequéncies

3. Inverted time constants

II. TRANSFER FUNCTIONS

A. Computes dimensional derivatives if non~-dimensional

derivatives are inputted

12.2
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For longitudinal case computes:

1.

2.

Coefficients of the characteristic equation

Numerator coefficients of U(S)/GE(S), a(S)/5E(S),

and B(S)/GE(S) transfer functions

General standard format parameters:

a. Gain

b. Numerator time constants, damping ratios, and
undamp ed natural frequencies

c. Denominator damping ratios and undamped natural
frequencies

lateral directional case computes:

Coeffiéients of the characteristic equation

Numerator coefficients of:

a. B(S) / 8,(s), ¢(s) / 6,(S), and ¥(S) / §,(S)
trénsfer functions

b. B8(S) / SR(S), (S / GR(S), and y(S) / GR(S)
transfer functions

General standard format parameters for both aileron

and rudder forcing functions

a. Gain

b. Numerator time constants, damping ratios, and
undamped natural frequencies

c. Denominator damping ratio, undamped natural

frequency, and time constants

FREQUENCY RESPONSE
Computes dimensional derivatives if non-dimensional

derivatives are input.

12.3




B. TFor longitudinal case computes:
1. For U(s) / GE(S), a(S) / GE(S), and €(S) / GE(S)
transfer functions
a. Magnitude (decibels) as a function of frequency
b. Phase angle (degrees) as a function of frequency
C. For lateral directional case computes:
1. For B(S) / §,(S), ¢(S) / §,(8), and ¥(S) / §,(5)
transfer functions
a. Magnitude (decibels) as a function of frequency
b. Phase angle (degrees) as a function of frequency
2. TFor B(S) / 8;(S), ¢(S) / & (S), and y(S) / §2(8)
transfer functions
a. Magnitude (decibels) as a function of frequency
b. Phase angle (degrees) as a function of frequency
For a comprehensive, detailed description of this program, the

reader is referred to Reference 12.1.

REFERENCE
12.1 Postai, M.: A Computer Program for Determining Open and Closed
Loop Dynamic Stability Characteristics of Airplanes

and Control Systems. University of Kansas, Lawrence,

Kansas, May 1973.
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CHAPTER 13

13.1 Introduction

A new input methodology has been incorporated into the present

Stability and Control computer program in an attempt to increase pro-

gram versatility and reduce input errors. Essentially, the input

format has been changed from one relying on formatted lines or cards

of input numbers to one relying on Fortran namelist input. The

[ 3
features of namelist input which make it attractive include:

Variables within a namelist may be in any order.

Variables are not restricted to particular card colurns.
Only required variables need be included in a namelist thus
avoiding-the use of dummy variables.

A.variable may be included more than once within a nanelist

where the last value to appear is used.

Other changes which have been incorporated include:

a.

The entire input function (except one plain-language identi-
fication line) and echo function has been concentrated into

an added Subroutine INPUT. Prior to this change many read
statements appeared in the main (executive) program as well as
in several subroutines.

Every input variable is now echoed depending on appropriate
(input) control variables. Prior to this change, some input
variables could not be verified since they never appezred in
the computer output.

Yehicle geometric specifications have been reduced to a minimum.
Prior to this change, it was possible to overspecify the vehicle

configuration or to input conflicting dimensions.

13.1
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Standard Day atmospheric datz may be incorporated by specifying

the altitude of interest. Mon-Standard Day data is also provideZ

for as user inputs. Prior to this change, the user was requirec

to compute and input values for density, kinematic viscosity,

and Mach number based on altitude and true airspeed.

13.2 Input Data File Stru;ture

A detailed description of the input data file structure is included

with the User's Manual. In the present version of the computer program,

data are input in the following order:

a.

Plain-language identification line. This line is read in the
main (executive) program and, if an End-0f-File indication is
sensed, terminates program execution.

Namelists INCTL, INATOI, and INKTOZ are all read (in order) in
Subroutine INPUT. All input data are read via these 3 name-
lists. In order to ease transportability to different computer
systems, input pointer controls are not utilized. Hence, users
should include the 3 namelists in the order specified with at

least one (dummy) variable included in each namelist.

An example of an input deck to include the details of paragraph

b above is included in the User's Manual.

13.3 Subroutine INPUT

With the exception of the single, plain language identification line,

all data are input and echoed via this subroutine. This routine is

" called only once and only by the main program for each set of data.

3 variables are initialized to zero prior to data input: NANLYS, which

is used within the dynamic stability routine to signal a requirement for

13.2
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a sensitivity analysis (as well a2s indicate the nuzber of derivatives
to be analyzed) is set to zero prior to reading data in order to pre-
clude a conflicting signal to be sensed in the éynamic stability

routine. RHO and TEMP, optional inputs which signal nonstandard atmos-

pheric conditions, are set to zero to preclude erroneous flight conditions.

from being analyzed. Vhen not input, standard day values are computed
in Subroutine ATMOS based on the input ALT.
A simplified flowchart of Subroutine INPUT is presented as Figure

11.13.1.

13.4 Subroutine ATMOS

This subroutine was added to the present computer program as part
of the input methodology. It is called only once and only by Subroutine
INPUT.

Required inputs to this subroutine are altitude in ft (ALT) and
true airspeed in ft/sec (TAS). If the density RHO is input greater
than .0001 slugs/fts, this value is used instead of being computed.

If ALT is input greater than 65,617 ft, the value for pressure
(PRESS) is returned equal to -1, and acts as an error signal.

This subroutine computes standard day characteristics for a tropo-
sphere from sea level to 36,089 ft and presumes the stratosphere to
extend to 65,617 ft. Presumed sea level values are

518.69°R

3
n

2116.2 1bf/ft2

o
n

°
]

.0023769 slug/ft>

1116.4 ft/sec

]
n
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START

\/

NANLYS = ¢
RHO = ¢.
TEMP = 6.

Read INCTL

1

/ Read INATOI /

LRead INKTOZ j

Output Msg

(Read the control variables identified for
namelist INCTL in Table 3.1 of the User's
Manual)

(Read all other variables whose names begin
with letters A through I identified in Table
3.2 of the User's Manual)

(Read all other variables whose names begin

with letters K through Z identified in Table
3.2 of the User's Manual)

(Cases Computed)

Call ATMOS -

> =.5

-t

—P>~ Input ALT and TAS with options RHO
and TEMP. Compute RHO and TEMP (if
not input) as well as PRESS, VISCOS,
and EM (Mach). If ALT exceeds 65617
ft, PRESS is returned as -l1. (error
signal)

L10=0
Msg (L10 set = 0)
)

Call PLANFM-at

»-PLANFM called 3 times to compute
planform characteristics of the wing,
horizontal tail, and vertical tail

Compute geometric parameters
ELHT, ELINC, ELTH,*LNO, LV, SAH,
and SWFSW which were (in the
previous computer program) ori-
ginally used as inputs

!

Echo the Inputs based on
.. controls specified in INCTL
and variables ENP and NTYE

Figure 13.1 Flowchart of Subroutine INPUT

13.4
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For h (ALT) < 36,080 £t

3

T/T, =8 = 1. - (6.87 x 10’6)(h)
ofp = 6 = §5+2559

(o]
olo = o= 6/6 = 42559

For 36,089 ft < h < 65,617 ft,

T = 390°R
/T, = 6 = .7518%2
p/p_ = 6 = .2234 e (4.806 x 107°)(36,089 - h)

o/o° =g =§/8

Once T, p, and p have been obtained,

a=ave
)

M= Vp,s/a

13.5 Subroutine PLAMFM

(13.1)

(13.2)

(13.3)

(13.4)

(13.5)

(13.6)

(13.7)

(13.8)

This subroutine was added to the present computer program as part

of the input methodology. It is called three times by Subroutine INPUT

to compute planform parameters for the wing, horizontal tail, and vertical

tail. It is also called once by Subroutine CYBETA to compute vertical

tail planform parameters locally.

Inputs to this routine include 4 independent parameters to specify

__the planform and one spanwise variable to indicate the position of a

wing chord of interest. Figure 13.2 depicts the following input and

output parameters:

13.5
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Figure 13.2 Planform Parameters
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INPUT: S total planform area in ft
A = aspect ratio

A

taper ratio

AAc/4 = quarter chord sweep angle in degrees

y' = spanwise location of a chord of interest measured
from the root chord in ft.
OUTPUT: Cr = root chord in ft
Ct = tip chord in ft
¢ = mean aerodynamic chord in ft
Ypae = spanwise location of ¢ from the root chord in ft.
xLE = longitudinal distance from the apex to the leading
edge of ¢ in ft

c!

= chord length at a spanwise distance y' from the root
chord in ft
b = span of the planform in ft

ALE = leading edge sweep angle in radians

The relationships used to derive the output parameters are taken from

Reference 13.1 with the exception of c¢', which is obtained by inspection.

Aclé(rad) = Ac/é(deg) ©/180 (13.9)
A p(rad) = tan™t [tan A+ %(ﬁ-%)] (13.10)
App = tan~t E:an Mg - %(%—-;——})] (13.11)
b = /(5) (&) (13.12)
C 2b (13.13)

r A(l + 2)

13.7



c, = AC_
-2, L+’
3 r 1+

= h (1 + 2>\)
Ymac 6 ‘1 + A

XiE = Ynac T30 Mg

| - + \ -
c Cr y'(tan ATE

13.6 REFERENCES

13.1 Hoak, D.E. &
Finck, R.D.

USAF Stability and Control DATCOM.

tan ALE)

(13.14)

(13.15)

(13.16)

(13.17)

(13.18)

Flight

Control Division, Air Force Flight Dynamics
Laboratory, Wright-Patterson Air Force Base,

Ohio.
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CHAPTER ‘14

SUMMARY

A considerable amount of effort has been expended to increase
the versatility and utility as well as to identify and correct computa-
tional errors in a stability and control program originally developed
between May 16, 1976 and May 31, 1978 at the University of Kansas under
NASA contract NSG-2145. The present effort has resulted in numerous
and extensive changes to the computer program.

While most of the program, with the exception of the Inertia
routine, has been changed to some extent, the most extensive changes
were incorporated in the main (executive) program and those subroutines
associated with power effects and static longitudinalrstability deri-
vatives. Also, the entire input methodology was changed from one dependent
oh formatted data cards to one based on Fortran namelist input. A detailed
explanation of the new input logic is included in a new User's Manual
under separate cover.

In general, it is felt that the present computer program represents
a much more versatile tool than its predecessor since it should prove to
be significantly easier to implement. This result is achieved by reducing
the level of comput§tiona1 complexity required to develop necessary input

data such as C Cm » redundant planform parameters, and certain config-

L ?

o o
uration-dependent descriptive parameters. Likewise, the characteristics
of Fortran namelists eliminates the requirement to duplicate an entire
input data deck for each consecutive investigation, and the more complete

echo format incorporated into the new Subroutine INPUT allows the user to

verify all input data for each computer run.

14.1




Furthermore, the corrected documentation reflected in this manual
together with the Fortran XREF (cross referenced listing of variables)
provided under separate cover should facilitate program implementation
considerably. Here, considerable effort was directed toward the veri-
fication and correction of equations as they appeared in the original
documentation as well as toward the realignment of computer logic to
reflect the documentation. This latter task was complicated to some
extent since the program listings of the original documentation repre-
sented individual (unintegrated) routines which did not reflect the
significant amount of data which was transferred between routines via
the many common blocks which were added when the individual routines
were integrated into one program. The present computer program reflects
a significant amount of time dedicated towards tracing individual commor
block variables throughout the Fntire program. Typical errors noted were
tail volume coefficients computed based on erroneous tail arm lengths,
common blocks of varying size in different subroutines, floating point
variables changed to integer variables and vice versa, and variables
appearing in different order in common blocks of the same name.

The present computer program, this documentation, a User's Manual,
and Fortran XREF listing are submitted with a sincere belief that most oI
the errors of the original program have been detected and corrected.
While it is inevitable that other errors will be detected and require
correction, it is hoped that the present program represents a significant

step forward in providing the general aviation community with a useful

“and easily implementable tool.
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APPENDIX A  COMPARISON OF METHODS FOR COMPUTATION OF GROUND EFFECT.

This appendix briefly describes the methods used in the comparison

of ground effect calculation methods. .

A.l1. Corning (Ref. A.1)

A.1.1 Description of Method

Corning defines the ground effect factor as:

- C, - AC
L L . -
K = —L L (A.1)
CL CLo . ACL
&g g
where: CL = Lift coefficient including flap and
ground effect.
ACL = Lift coefficient increment due to flaps.
Cy, = Lift coefficient out of ground effect
oge

(including flap effect).
The 1ift coefficient in ground effect may then be calculated as:

= - d}
ClLge KCL (CLoge ~ 2C1) +ACL (A.2)
ge

According to Corning, the ground effect factor may be calculated as:

K, = 1.005 +[0.00211 - 0.0003 (R - 3) ] e3 (A.3)
where: c3 =e 3.2 - Hg) (A.5)
Hg = Altitude/wing span (A.5)

A.1.2 Hand Calculation !

Following is a hand calculation of the Corning Method for Airplane A,

see Appendix C for data.

A.l




The computations are for the following flight conditions:

CL = .96
a = 4.9 (deg)
A C = 0.46
Le
6f = 38 (deg) .

The calculation of the ground effect as a function of height is given in

Table A.l.
i " Height (ft) H/b K, c s (%)
Lge ge
30 0.787 1.009 0.965 0.5
25 0.656 1.013 0.967 0.7
20 0.525 1.020 0.970 1.0
15 : 0.393 ~1.035 0.978 1.9
10 0.262 1.065 0.993 3.4
7.5 0.197 1.089 1.005 4.7
-5 0.131 1.123 1.022 6.5
2.5 0.066 1.232 1.076 12.1

Table A.l: Calculation of Ground Effect for Corning Method

A.2 PERKINS AND HAGE METHOD (Ref. A.2)

A.2.1 DESCRIPTION OF METHOD

This change in wing-lift is brought about by a change in the'ving
lift-curve slope. TFigure A.l shows the effect of ground proximity on wingJ;-"
1ift curve slope. The factor k is the ratio of wing lift-curve slope in
ground effect to the slope out of ground effect. Height is given by the .j;\’. :

height of the root quarter chord in semispans.

A.2
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Figure A.1l: Effect of Ground Proximity on Wing Lift-Curve Slope

The change in wing angle of attack due to the ground effect may be approximatss

as:

[+
or': _ 4 a = uoge (-TL - 1>

C
Aa iy e a oge
C
L C
a / oge La
g
or:
'q .
Aa =\z * (1/k-1)
Ld oge
where: cLa
Kk = oge
C
La

(4.6)

a.7)

(A.8)

(A.9)

is given in Figure A.1l

Now that the change in angle of attack is known, the revised lift-coefficient

may be found as shown in Figure A.2.

A.3
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rigure A.2: Ground Effect on Lift-Curve

A.2.2 HAND CALCULATION

The following data are available for Airplane A (see appendix D)

c, = 0.96 (At V=1.31s)

-1
CL 4.870 rad

a
oge

The factor k is found from Figure A.l1l. The calculations are given

in Table A.2.

Height (ft) h/b/2) k Ao (deg) CL aCy (%)

30 1.57 1.014 -0.16 0.974 1.4

25 1.31 1.021 -0.23 0.980 2.0

20 1705 1.029 -0.32 0.987 2.8

15 0.79 1.040 -0.43 0.997 3.8

10 0.52 1.065 -0.69 1.019 6.1
o 7.5 0.39 1.082 -0.86 1.033 7.6

5 0.26 1.116 -1.17 1.059 10.4

Table A.2: Calculation by Perkins and Hage Method
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A.3. DATCOM METHOD (Reference A.3)

g A.3.1 DESCRIPTION OF METHOD
g This method takes into account the effect of the image trailing

vortex, of the image bound vortex and of the wing flap. The change in
zi wing-body angle of attack at a constant lift coefficient due to ground

- effect with respect to the out of ground effect 1ift curve is given by:

o) =222, g6 () ey M |—ar_ (S o,
q AR . b wa;' 2 (C; ) b/\Lo
2 a WB

(8 ) (A.10)
(CL ) rJ- [_(é_/_sg_y_ (A (A Cp) ) ](per deg)
fwB La WB flap
where:
(CL ) is the wing-body lift coefficient including flap
f WB effects, out of ground effect.
x accounts for the effect on lift due to the image

trailing vortex.and is obtained from Figure A.3.

(CL ) is the wing-body lift-curve slope, per degree out
o WB of ground effect.
-% -1 accounts for the effects on lift due to the image
o bound vortex, obtained from Figure A.4.
r accounts for the effect of finite span,is obtained

from Figure A.5.

A (ACL) is an empirical factor to account for the effect of
flap flaps and is obtained from Figure A.6.

A.3.2 HAND CALCULATION
For Airplane A (See Appendix G) the following flight condition was

computed:

Gf = 38 deg

For the sake of simplicity, H (Height of quarter chord point of wing mac

above ground), hc / 4 (teight of quarter chord point of wing root chord
T
E§ above ground and h (average height of quarter chord point at 75% of wing

span and of root chord) are assumed to have the same (variable) value.

A.5
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Table A.3 shows the calculations.

Height{ h/cy - h/b/2 x .% .5 T A(éCL)f 8 ag Cp A CL %
(ft) o :
25 12.77 1.31 - - _— - - 0.96 0
20 (2.22 1.05 0.08 -0.06 0.40 O 0.5 0.92 =4.2
15 1.66 0.79 0.14 -0.06 0.48 0 -0.22 0.941 -2.0
.10 11.11 0.52 0.25 -0.04 0.61 0 -0.60 1.011 5.3
5 (0.55 0.26 0.49 +0.03 0.77 -0.045 -1.72 1.106 15.2
3 10.33 0.16 0.64 +0.145 0.86 -0.075 -2.98 1.213 26.4

Table A.3: Calculation of Datcom Method.

A.4. TORENBEEK METHOD (Reference A.4)

A.4.1 DESCRIPTION OF METHOD

A description of this method is given in Chapter 4.

A.4.2 HAND CALCULATION

A hand calculation was done for Airplane A (See Appendix D) for the

following conditions:

c = 0.96
Loge

Cflap = 2.326 ft.

Gf = _38 deg

Calculations are given in Table A.4.

A.®
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Height Zheff/b .h/cg 8 o Cp AGCL
ft 9
45 2.32 6.53 0.206  0.0088 0.960  0.03
40 2.06 5.80 0.230  0.0133 0.961  0.11
35 1.80 5.08 0.259  0.0203 0.962  0.24
30 1.54 4.35 0.296  0.0316 0.964  0.46
25 1.27 3.63 0.346  0.0508 0.968  0.84
20. 1.01 2.90 0.411  0.0822 0.974  1.48
15 0.75 2.18 0.500  0.1369 0.985  2.57
10 0.49 1.45 0.624  0.2384 1.003  4.51

5 0.22 0.73 0.804  0.4606 1.046  8.92
3 0.12 0.44 0.887  0.6147 1.094  13.9

Table A.4: Calculation of Torenbeek Method.

A.5 CONCLUSIONS

e N N R R G ) O o R Y S OO &

Figure A.7 shows the results of the calculations in this a2ppendix.
The general trend for all four methods is the same although the datcom
method shows a rather large deviation from the other three. Also the
datcom method is the most complicated method, it .involves the use of.
four graphs. The simplest method is the Corning method, as it only involves
two formulas. Next comes the Perkins and Hage Method, this involves the
use of one graph. Hard data on ground effect for general aviation are rare.
Since the method of Torembeek is based on a sound theoretical principle

(an image vortex system) it was decided to use this method.
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HEICHT ABOVE GROUND h/(b/2)

TORENBEEK

em=~——— PERKINS &
‘' HAGE
= == — DATCOM

{-——— CORNING

———

. PERCENT INCREASE IN LIFT

Figure ALT: Comparison of Ground Effect Methods
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APPENDIX B

FUNCTION RDP - A FUNCTION SUB-PROGRAM FOR INTERPOLATING
CURVES AND GRAPHS

B.1 INTRODUCTION

Function RDP was written to provide a program which would
interpolate along curves, between curves, and between graphs for
arbitrary curves and graphs. RDP requires the input of a number
of points along the curves; the points are used in conjunction with
the Lagrangian interpolating polynomial to interpolate along the
curves. RDP interpolates linearly between curves and graphs. If
Lagrangian interpolation is needed in interpolating between curves
and graphs, RDP can be called more than once, using only the
Lagrangian part.

RDP can be used for any number of curves and graphs; from
one curve on one graph to "n" curves per graph and "m" graphs.

RDP was checked out quite extensively. The initial checks

and those done when RDP was called in a subroutine indicate that

RDP works quite well.

B.2 DESCRIPTION OF THE PROGRAM AND LISTING

RDP is a Function, called in the form:

B = RDP (U, VvV, W, JK, 1J, KL, LM. UU, VV, WW, DD)

where:
U is the numerical value of graph parameter
v is the numerical value of curve parameter
W is the numerical value of X-coordinate
parameter
B.1
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1 JK is the number of graphs -

1J is the number of curves per zraph
v
x < KL is the number of data points (X,Y pairs) !
¢
input per curve
L 1M is the number of rows in the DD array he !
uu is the array of actual graph parameters .
vV is the array of actual curve parameters
Ww is the array of X-coordinates at which
Y-values were taken
DD is the array of Y-values in the form:
CURVE #1  CURVE #2 , CURVE #1J
p— \ [ -
1
! |
- R SR N b DDy 1y
GRAPH £1 I ' | -
. ! i
, ]
KL DDyr,1° | ! ' DDyy1s 1
L Ui i U QA . |t ————
KL + 1 | | l
i i ’
GRAPH {2 I I : |
D = " ! : {
——— ool L __
| L
_______ S S PR
2KL + 1 | | |
1 |
CRAPH #JK i | :
JR*KL ! ! |
—_—— e e e e e
*
NOTE: These are listed in the calling statement as numbers. r’
Example: B = RDP (U, V, W, 1, 1, 4, 4, UU, VV, WW) -

where: JK = 1J

1 L

l
4 : l
|

KL = LM
The other variables are initialized by data statements in the
main program.

B.2
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; APPENDIX C

DATA FOR TEST-ATRPLANIS

]

r

l This Appendix presents data for a variety of airplanes that

: were used for checking the subrcutines discussed in the foregoing
chapters. The example airplanes range from a small single engine
high-wing propeller-driven trainer airplane to a twin jet—-engine
business airplane. The data were assembled from a variety of sources.
Also included in this Appendix are three-views of the aircraft

considered.
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TABLE C.1. AIRPLANE DATA |
|
|
WING A B Cc D Dimension 1
AR 5.74 7.72 7.27 5.08 1
b, 38.13 36.75 35.98 26.25 ft
c, 6.131 5.443 5.44 6.709 rad * ‘
a
-
T, 6.896 4.91 4.96 5.4 ft ‘
c. 5.58 6.0 ft
c, 4 3.32 ft
(c) 9.02 5.81 6.39 7.06 ft ‘
T
C.L. ‘
iw 1.5 2 deg
224 £.66 9.13 9.37 ft ‘
|
. 253.3 175 178 135.62 £e2 |
z, - 1.61 -2.9 -.02 4 .44 ft
a -1 -1.8 -3.1 deg
w
T 2.5 5 -6.4 deg
w
AEM 13 -3 ~2.5 15.5 deg
w
A, .564 .727 .513 465
\
|
\
\
i
HOR. TAIL A B c D Dimension
AR, 4 3.61 4.8 4.64 |
by 14.7 13 12.5 12.99 ft
c, 6.303 6.254 6.25 6.245 rad ! |
QH |




TABLE C.l. AIRPLANE DATA w
: -4
HOR. TAIL A B c D Dimension
(Cont'd) r
g
EH 3.83 3.605 2.7 2.94 ft
(c.) 5 4.58 3.4 3.88 ft .*-Q
Bt
c.L
hy 8.12 2.34 ft . a
2 14.42 13.76 ft
S, 54 46.8 32.55 36.36 £r2 g
(t/C)H .09 E
xﬂ 1.61 .95 ft
mac E
zH -1.4 ft
GOH 0 0 0 deg
Az, i 25 0 8 14.33 deg
Ay .469 .574 .514 442 5
b1E 6 deg | E
¥
VERT. TAIL A B c D Dimension E
AR, .782 1.32 z
by 5.48 5.25 ft - E
¢, 6.303 6.245 rad ¥
av A [
EV 7.17 4.34 ft
L

T

vy re———

C.6

s — - wmwevemr iy r T T

oy
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TABLE C.1. AIRPLANE

DATA

VERT. TAIL A B C D Dimension
(Cont'd)
(c_ ) 8.88 6.07 ft
v
C.L.
zHV 1.07 3.96 ft
sy 38.35 20.84 £e2
(t/c:)v .1
Zv 5.21 4.3 ft
AE/4Y 35.63 38.65 deg
Av <577 .308
CONTRL. SURF. A B (o D Dimension
GA 18 up 22 up 18 up deg
max 18 down 14 down 14 down
6R 30 right 25 right 22 right de
max 30 left 25 left 20 left g
cA/c .22
cR/cv .20
niv 0
nov .778
.792
n
°a

A e e

S e e e T P et o AT = -

c.7




TABLE C.l. AIRPLANE DATA

CNTRL. SURF. A B C D Dimension
(Cont'd).
iH -8.1 to 1 =3.25 N.A. deg

GE ' -15 deg
min

GE 15 deg
max

cE/cH .262

cgap/cH .005

cb/cf .054

ch/cH .754

ng 0
E

an 1l

cF/cw .268

POWER PLANT A B C D Dimension

b/0.3 N.A. .0693 .0693 N.A.

b/0.6 N.A. .0820 .082 N.A.

_“b/0.6 N.A. .0682 .0682 N.A.

Dp N.A. 6.75 6.0 ft

iT -3.5 0 deg

N 2 2 1

C'8

£

v
J

oy ol
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TABLE C.1.

AIRPLANE DATA

A B C D Dimension

POWER PLANT
(Cont'd)

Nb N.A. 2 2 N.A

Yo 0 5.61 ft

ZT -.25 -.869 . ft
3.75 20 21.5 deg
X; 7.68 6.0 _ ft
x 0 2.6 ft
nac
X 5.26

P
T 965.0

FUSELAGE A B C D Dimension
!,B 46.19 26.11 24.16 30.44 ft
Df 5.1 4.7 4.08 - 5.56 ft
hc 5.1 4.7 4.08 ft
wc 5.1 4,7 4.08 ft
!.n 10.02 9.13 ft
b 4

c

CQg -




TABLE C.1. AIRPLANE DATA

MISCELLANEOLUS A B C D Dimension

L 17,000 3100 3600 1bs

z, -.8 ft

Zyr -1.67

c, 5.114 rad !
o]

c . 1.35
max

e o o
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APPENDIX D DERIVATION OF CORRECTION FOR THE

The results of a comparison between the lift-curve slope as
calculated with the Polhamus Formula (11.2.1) and the Lifting Surface
Method is shown in Figure Dl. To find an approximation for the
error, the graph is split up into two parts, one for aspect ratio
lower than 4 and one for aspect ratios higher than 4.

For aspect ratios lower than 4 a linear curve fit was applied

with the following result:

Error = (1.87 - .42399 ALE) R %

(p1)
where ALE in rad

For aspect ratios greater than 4 also a linear curve fit was

épplied, ;ielding:

Error = (8.2 - 2.30 ALE) - (.22 - .153 ALE) R nZ (D2)

Using Formulas (D1) and (D2), the correction factor for the

Polhamus Formula was found to be:

R <4 K o= 1.+ (1.87 - 42399 A ;) R/100 (D3)
= - - 2 -
R > 4 Kpol 1. + {(8.2 Z.BOALE) (.22 .lSBALE)A{ }/100

(D4)

D.1
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Figure D.l: Correction Factor for Liftcurve Slope.
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SUMMARY

This report presents the documentation of a computer progran for
the analysis of the dynamic stability and control characteristics of
airplanes. The program is specifically written for conventional con-
figuration subsonic airplanes. This report describes in detail the

. omd
theoretical methods used in the program/Athe implementation of the

methods into a computer progrmnf%a&—the—resu%fs—eé—testruns—fee—a
ua:iaeyuai_ai:cxaiﬁsl This report is not a usef's manual for the
program. The reader who wishes to utilize the program to analyze a
specific design is referred to "User's Manual for KSTAB, A Computer
Program to Analyze the Dynamic Stability Characteristics of Conven-
tionally Configured Subsonic Airplanes,' Kohlman Aviation Corporation,

Lawrence, Kansas 66044, February 1982.

- - e e - - e @ M G i

| EES\J VV\VV\DQkﬂ1 fOL?¥£-

7




